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Upper stage that provides initial thrust on the PDS deployed 
fro* Shuttle, e.g. , Truistage, Delta, Centaur, Agena, and 
■ay include TE 364-4 auxiliary stage. 

Eastern Test Range 

High Level Signal 
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Multiplexer 

Pulse Coded Moduled Signal 

Payload Deployment Syste* is the Shuttle deployed payload. 
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vehicle and associated avionics. 
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Space Shuttle 

Samples Per Second 

Switch 

Thenmjcouple 

Shock Temperature 

Velocity 
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Relative entry angle 

Velocity increment 

Shock standoff distance or Shock layer thickness 
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1.0 INTRODUCTION 

Unaanned exploration of the outer planets of our solar systoi Is a aajor goal 
of NASA. Startling new discoveries have been made by the Pioneer and Mariner pro> 
grass. Another step in this exploration process is the entry into the ataosphere 
of an outer planet. It is expected that a great ntuiber of ataosidieric probe flights 
will be aade in the future. As the results of early aissions are analyzed, n&i 
and aore co^>rehensive aeasureaents will be planned. Progressively aore severe 
environaents will be explored. To these ends advances in planetary entry tech- 
nology, particularly in the theraal protection systea, will be necessary. 

Due to the high approach velocity caused by the gravitational pull of a large 

planet, intense radiative and convective heating is predicted for entry into the 

hydrogen-heliua ataosphere of these planets. Entry probe designs have evolved 

(References 1 and 2) which eiqtloy a blunt cone configuration to reduce atmospheric 

2 

penetration rate, loads and heating. Even so, high heating (30 to 50 kW/cm ) is 
predicted. Ground testing and flight testing of a probe-llke vehicle will estab- 
lish probe integrity under extreae conditions. 

A tiaely and cost-effective approach to the advanceaent of planetary entry 
technology is to simulate the desired entry environment in earth flight test experi- 
ments, using the Space Shuttle as a launch platform. Heretofore, such experimenta- 
tion has been expensive, and higher speeds required of planetary entry simulation 
will be even aore demanding than on previous experiaents. Large sophisticated 
space equipment will be required. Such equipment will be available at reasonable 
cost with the advent of the Space Shuttle and its upper stages. Thus, the purpose 
of the present study is to determine the feasibility of using the Shuttle to per- 
form planetary entry technology flight experiments. 

The results of a system design study for such a flight is contained herein. 

The specific objectives for such a flight are outlined in Figure 1. An entry 
vehicle configuration similar to the outer probe was selected for the study. Size 
and mass were adjusted to meet the entry simulation needs. The physical cheracter- 
istics of the baseline entry vehicle designed in this r.tudy are: 
o blunt 60° half angle cone 
o 88.9 era outer diameter 
o 22.2 era nose radius 
o hemispherical aft cover 


1 

MCoowwcLL DouoLJkm M»TtK>MAUTic» coafmiwv • mMmr 



VOL II PLANETARY ENTRY FLIGHT EXPERIMENTS 


RETOirT»CQ415 

nmmimnm 


PLANETARY ENTRY EXPERIMENTS 



PRIMARY OBJECTIVES 

HEATING ENVIRONMENT PREDICTION 
•SHOCK LAYER RADIATION 

• RADIATION BLOOCAGE BY ABLATICM 

HEAT SHIELD DESIGN 

• CARBON P»«N0LK: MECHANICAL EROSION 

• SlUCA PERFORMANCE AND STRUCTURAL INTEGRITY 


OTHER OBJECTIVES 

• BOUNDARY LAYER TRAF^ITION 

• TURBULENT HEATING INFORMATION 

• DECELERATION LOADS 

• AFTERBODY HEATING 

• HEAT SHIELD THERMAL STRESS 

• VEHICLE AERODYNAMICS AND STABILITY 


FIGURE 1 
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o 120 kg/n^ ballistic coefficient 
o instrument and syst^ coapleaent 
o air recovery system 

Critical to the success of the entry phase of the mission is the 
prediction of the spectral radiation caused by the compression of the hydrogen- 
helium atmosphere between the shock wave and the vehicle. Computation of shock 
layer radiation depends on gas composition, temperature distribution and surface 
tenperature of the entry vehicle surface. The gas injected by the ablating heat 
shield also influences the radiative heating. Consequently the primary objective 
of the earth entry experiment is to match the heating and other environments 
expected during outer planet entry. Of great importance during any test is the 
measurement of environments, so the earth entry flight experiments was designed 
to measure the radiative heating and other environments. These measurements will 
be used to validate the prediction techniques and to update predictions for the 
hydrogen-halium environment. The heat shield of the outer planet probe constitutes 
approximately 40Z of its mass. Consequently the selection of the material for the 
heat shield and its sizing greatly affects the launch weight and the amount of 
Instrumentation that can be carried. Candidate heat shield materials 
fall into two categories: (1) a carbonaceous ablator which accommodates the 
intense heating by ablation resulting in large mass injection and (2) a highly 
reflective material such as hyperpure silica which reflects a large portion of the 
radiative heating. Carbon phenolic is subject to mechanical erosion and silica is 
subject to significant thermal stress. Validation of the structural integrity of 
both materials can be made in an earth entry test. Instrumentation was designed 
to measure the performance of the heat shield materials. Experiments were also 
devised to measure the parameters necessary to increase the technology base for 
designing outer planet probe. 

The scenario of a planetary entry flight experiment launched from Shuttle is 
depicted in Figure 2. After the Shuttle has established a circular orbit (160 nmi, 
nominally), the Fay load Deployment System (PDS) consisting of an assembly of a 
booster (two or three stage propulsion system) , a spin system and the entry vehicle 
is deployed from the Shuttle cargo bay. The first stage of the booster is fired 
to accomplish the Hohraann transfer to a high orbit (up to synchronous altitude) 
where a deorblt bum is accomplished. The spent stage is jettisoned and the vehicle 
accelerates towards earth converting potential energy into kinetic energy. Just prior 
to the sensible atmosphere the final burn is accomplished Increasing the entry 
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velocity. The final stage and the entry vehicle are spin st^ilised. During entry 
the flight ottasurements are made documenting environments and vehicle performance. 

At the conclusion of the entry which occurs near the NASA test range at Ascension 
Island, the entry vehicle is air recovered so the heat shield and other components 
can be examined. The complete analysis of such a mission Including environments, 
experinKint design, vehicle design, booster Interfaces, heat shield performance, 
mission scenario, communications analysis, ground tracks and cost estimates are 
contained herein. The study flow is depicted in Figure 3. Entry environments for 
outer planet probes were used to establish the simulation requirements. Boosters 
which can be launched from Shuttle were examined to determine the entry conditions 
that could be achieved to deploy an entry vehicle. Predictions of the entry environ- 
ments were made in order to compare with the simulation requirements. After estab- 
lishing the mission feasibility, the details of the mission and vehicle design were 
worked out. Also a planetary entry flight experiment handbook was prepared (Volume 
III) to aid in continuing the design of such an experiment. 

The authors appreciate the significant contributions made to the study by: 

D. W. Dugan (NASA-ARC), W. E. Nicolet (Aero therm) , H. J. Fivel, W. H. Gustin, 

H. E. Hommes, L, J. Mockapetris and C. D. Poore of MDAC-E. 
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2.0 SUMMARY 

The technical feasibility of launching a high speed, low B, earth entry vehicle 
from Shuttle to advance technology for the exploration of the outer planets' atmos- 
pheres has been established. Disciplines of thermodynamics, orbital mechanics, 
aerodynamics propulsion, structures, design, electronics and system integration 
focused on the goal of producing outer planet environments on a probe shaped vehicle 
during an earth entry. This study addressed seven major aspects of analysis and 
vehicle design. They included: planetary environments, earth entry environment 
capability, mission maneuvers, capabilities of Shuttle upper stages, a comparison 
of earth entry planetary environments, experiment design and vehicle design. 

The planetary entry parameters that are required to be simulated were analyzed 
and related data assimilated. Entry into the outer planets is characterized by a 
radiant dominated heating pulse. Consequently, detailed studies were conducted 
centering on the understanding of the intense radiative heating emanated from the 
shock layer. In particular, the effects on the spectral energy distribution from 
adiabatic, cooled and mass injected shock layers were characterized for both 
carbonaceous and hyperpure silica heat shields. Uncertainties in the Jovian entry 
2 uxgle (3 degrees spread) results. in a 58% increase in radiative heating, a 19% increase 
in convective heating and a 10% rise in stagnation pressure. The two candidate 
heat shields also influenced the radiative environment. The blowing of the carbona- 
ceous shield reduced the incident radiative heating by 46% whereas the mass injec- 
tion from the silica shield caused 18% reduction. However, due to silica's excel- 

2 

lent reflectance properties, only 1.7 kW/cm had to be accommodated by the heat 

2 

shield whereas carbon with its high absorptance (.8) had to absorb 9.1 kw/cm at 
peak heating conditions. 

In parallel, trajectories and shock layers for high speed earth entry were 
Investigated to determine what environments could be achieved. Comparable radiative 
heating levels were computed and the influence of shock layer properties on radiative 
heating were similar to those obtained for the outer planets. The spectral distri- 
bution of energy for earth showed a shift to a larger percentage in the 
vacuum ultra violet. (VUV) , Trajectory parametrics were computed and showed that 
not as high an entry velocity is required on earth as the outer planets to achieve 
the same heating. 

Detailed mission analyses studies Including AV requirements, impulsive and 
finite burn trajectories and ground tracks were performed. Hohmann transfer tra- 
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Jectorlra frith apoa|»iB to 40 earth radii were coaputed. Only trajec- 
tories to 6.5 earth radii were needed to achieve the re«tulred heating. Depend- 
ing on the eissiMi, once the systee is deployed froa Shuttle 6 Co 13 hcmra are 
raquired to coaplete Che aission. 

At cte beginning of this study, Che IDS cmtcept had not been selected. Con- 
sequently, four classes of boc^ters were analyzed to detemlne their ability to 
accoigilish the E haann transfer and deorbit. They included a cryogcmic (Cent«ir), 
a storable propellant (TransCage), a coeqpact booster constructed using the Shuttle's 
altitude control propuJslon components and a solid rocket aotor (SBH) booster. 
Perforaance aaps incluaiog the entry environaents Chat would be obtained on a 
noainal entry vehicle were prepared for each class of booster. Midway through the 
study the decision to develop the SRM lUS was aade by the gov.^rnaent. All the 
bo(»ter concepts enployed a TE364-^ as the final stage in order to obtain the desired 
entry velocity. The final stage and the entry vehicle were spin stabilized. Details 
of the booster perforaance were studied and factored into a cooqiarison of staulatc^ 
conditions against requirements. 

In the ccNBparison of attainable earth entry environaents with the required 
planetary environaents, Che iaportance of siaulating radiative heating over shadowed 
other paraeters. Although earth entry conditions can be selected chat result in 
matching peak radiative heating for Saturn or Jovian entries, Che precise matching 
of all parameters is not possible. Entering at 20 degrees produced Che best match 
for Jupiter wd a steeper angle was required for the Saturn siaulation. Detailed 
studies using shock layer flow field/radiation computer codes were conducted to 
show Che effect of shotfk layer temperature distribution, wall temperature and species 
concentration on Che incident heating. These sensitivity studies showed chat the 
incident heat is significantly reduced due to cooling effects in the shock layer and 
blowing of ablation products. It appears that both the incident and net radiative 
heat flux incident on a carbonaceous heat shield during a Jovian entry can be 
duplicated during an earth entry but more net flux results on a silica heat shield 
when the incident radiative flux is duplicated. The difference in conditions on 
Che silica shield is due to Che hi^sr percentage of energy in the VUV for air where 
silica's reflectance is low. Despite this mismatch, the silica shield has to 
accomaodate approximately half Che radiant flux that a carbonaceous shield. This 
increase in hec heat also means chat a closer match in total heat will be achieved. 
Radiative heating is significantly reduced when heat shield mass injection occurs. 

8 
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This occurs aore so during entry into earth than Jupiter. Hence entry ener^ wist 
be increase to achieve simlation when considering blowing. Trajectories to IS or 
16 earth radii are required to produce the energetic conditions needed to aeet the 
■aifliwM desi^ Jovian entry heating (blowing). The Transtage/TE364'>4 booster will 
achieve these conditions trtiereas a aore powerful SRM lUS booster, than the one 
studied, needs to He used. Even so, vnry high radiative doainated heating environ- 
aent can be atdiieved using the SRM lUS. 

The pertinent inforaation asseabled during this study were organized into a 
handbook (Voliaae 111) to aid mission planners. 

Experiaents were designed to measure the environment and heat shield performance. 
A C(»pl«Knt of experiments were selected to aeet the aeasureaent <H>Jectives. Instru- 
ments included: 

1. Thermocouples; surface, indepth stack and interior 

2. Pressure probes 

3. Accelercnneters 

4. Strain gauges 

5. Electrostatic probes 

6. Radiometer 

TWo candidate radi(»eter designs were developed that fit compactly into the earth 
entry vehicle. These designs warrant further study and testing. 

Design studies were accomplished for the earth entry vehicle. The heat 
shield, experiment/equipiaent, power and coiaminications along with the structure 
and mid-air recovery system were married into an integrated design. Figure 4 is a 
co^K>site of the entry vehicle profile, equipment/ instrument locations, and a shared 
launch configuration. If the short length booster were used, the entry experiment 
could be sandwiched between other cargo. Even if the Transtage or SRM lUS were 
used only 3/8 of the Shuttle cargo bay would be occupied and 57% of the Shuttle's 
payload weight capability would be available for other cargo. This will permit 
a shared launch and a low experiment cost. 
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3.0 PLANEXAAY ENVIROMHEMT SIMULATION REQUIREMENTS 

Several investigators (3, 4 and S) have been actively inwlved in predicting 
the environaents that can be expected tdien entering the outer planets; Jupiter, 
Saturn and Uranus. Nominal enviromsents that influence the design and perforaance 
of a probe include: peak radiative heating, peak convective heating, total heat, 
heat pulse duration, peak stagnation pressure and deceleration loads. The predic- 
tion of these quantities is of course dependent on the ataospheric aodel, trajectory, 
vehicle ballastic coefficient and the aethodology. Trajectories are continuing 
to be evaluated so a typical atmosphere trajectory for a typical probe vehicle vas 
used to establish entry enviroi»ents. The radiative heating predicted fcr planetary 
entry is severe and dependent on the analytical aodel. Ihe difference between 
analytical models st^is from the assu^tions regarding temperature and species con- 
centrations across the shock layer. 

Predictions have been coaqiiled for: adiabatic shock layers, cooled shock layers 
and shock layers with species concmtrations resulting from blowing of the ablation 
heat shield materials. In an adiabatic shock layer, all the gas is at the shock 
temperature and consequently produces the highest radiative heating. In a cooled 
shock layer, the gas temperature drops tc the wall temperature near the wall and 
the radiative heating is lower. In a shock layer with mass injection, the region 
of low temperature is expanded further and the radiative heating is further 
reduced . 

A compilation of outer planet entry environments is contained in the following 
sections and summarized in Figure 5, The radiative heating reported in the figure 
is for a cooled shock layer. Also included fur reference are the entry environments 
anticipated for the forthcoming Venus probe mission as well as those experienced 
in earth by Project FIRE. 

High heating parameters are the dominant environment associated with entry 
into the outer planets but stagnation pressure and decelerations are also important. 
Compared with earth entry, outer planet entry is characterized by high velocity, 
high radiative and convective fluxes and short entry times. Further, the heating 
environment is dominanted by shock layer radiation as opposed to the convective 
dominated earth entry. 

The general environments associated with the outer planets are presented first 
in parametric curves followed by analyses of the spectral heating sensitivities and 
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SIMULATION REQUIREMENTS SUMMARY 


1 

OUTER PLANETS 

VENUS 
(PIONEER/ 
VENUS 78) 

EARTH 

(PROJECT 

FIRE) 


JUPITER 

SATURN 

URANUS 

ENTRY CONDITIONS (INERTIAL) 







VELOCITY (KN/SEC) 

59^ 

36.7 

24.9 

11.6 

lU 

ANaE (DEGREES) 

-7.5 

-40 

-50 

-20 TO -90 

-15 

ATMOSPHERE 







DESIGNATION 

NOMINAL 

COOL 

NOMINAL 

COOL 

COyN? 

AIR 

MASS FRACTION (H^-He) 

J5-.23 

•55-.40 

.65-.16 

.20- JO 



ENYIROMIENT 






■■ 

PEAK HEATING RATE (KW/CM^) 







RADIATIVE 

38 

20.5 

0 

33 

2 TO 5 


CONVECTIVE 

15 

12.5 

4 

11 

3T05 


TOTAL HEAT (KJ/CM^) 

440 

74 

31 

80 

14 TO 21 

19 

HEAT PULSE DURATION (SEC) 

14 

10 

15 

4 

3 TO 11 

99 

PEAK STAGNATION PRESSURE (ATM) 

8 

12 

8 

18 

7 TO 8 

mm 

PEAK DECELERATION (G) 

300 

700 

500 

700 

200 TO 500 




FIGURE 5 
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the influence of heat shield aaterial on the heating. 

It becane apparent duriug the course of this study that various investigators 
have used slightly different values for planetary models and entry parameters. 

This is due to a continuing effort by the scientific cooBunity to upgrade our 
knowledge of the solar system. Where applicable these variations will be assessed 
in this report. 

3.1 Planetary Environments - Worst case design environments are tabulated 
for each outer planet. However, raaphasis is placed on parametrically describing 
stagnation point conditions as a function of entry angle, type of atmosphere and 
entry vehicle ballistic coefficient. It allows evaluation of future changes in 
mission and vehicle evolution and provides Insight into how closely a given param- 
eter should be simulated. 

Jupiter Entry Environment - Mission and configuration parameters derived from 
available results of current outer planet probe studies were utilized to predict 
environments. Nominal parameters are as follows: 

o Jupiter nominal atmosphere - 85Z H2“15% He by volume / 

o Inertial entry velocity - 59.70 km/sec 60*9( \ 


o Inertial entry angle 
o Latitude 
o Relative velocity 
o Relative entry angle 
o Entry altitude 
o Ballistic coefficient 


- -7.5“ 

- 5.0 (North) 

- 47.244 km/sec 

- -9.5“ 

- 450 km 


89 cm 


22 .fa c 

Nose 

Radius 


o Ballistic coefficient - 141.8 kg/m 

Entry radiative and convective heat pulses for this case are shown in Figure 6. 
Heating builds rapidly and then diminishes as rapidly. The convective rate is 
approximately 1/3 of the combined radiative and convective flux at peak heating 

2 

conditions. However on the basis of total heat, convection (187 KJ/cm ) accounts 

2 

for 43% of the total heat (440 KJ/cm ). Distributions of convective heating shock 
standoff distance, surface pressure and radiative heating on the heat shield at 
selected times during the Jovian entry are contained in Figures 7 and 8. As shown 
in Figure 8 up through maximum heating conditions (43.7 seconds) the radiative heat- 
ing near the end of the conical section (S/R = 2.2) builds to values larger than 
that impinging on the stagnation point. Further analysis and testing are recommended 
to verify these results. The radiant heating in this region may be significantly 
altered by the presence of species injected from the heat shield. As shown in 
Figure 9, the flux aimed at the ablator is drastically reduced by blowing of ablation 
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FIGURE 9 
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products. At the stagnation point the combined Incident heat flux Is halved and 
on the cone It Is reduced by 68Z. When blowing Is accounted for, convective con- 
tributes only 6% of the total heat at the stagnation point and 17% on the conr . 

The selection of entry angle and atmosphere model are of particular interest 
because of their uncertainties. The Initial entry angle corresponds to a shallm 
entry mission nominally targeted for a relative angle of -9.5 degrees which has a 
typical uncertainty of +1.5 degrees. Applying this uncertainty results in a worst 
case condition of -11 degrees. This small uncertainty allows targeting for shallow 
entry and reflects the accurate knowledge of Jupiter ephemeris and physical data 
obtained from recent Pioneer missions. 

The effect of entry angle, atmosphere model and ballistic coefficient variations 
on peak ra-Hative flux, convective flux and pressure level are shown in Figures 10, 

11 and 12. Atmospheric composition uncertainties were accounted for by parametrically 
considering Che cool, nominal and warm models described in Reference 6. 
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FIGURE 10 
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Ordinarily a cool atmosphere would be used since it results In a more severe 

environment. However, Pioneer II flight data indicates that the cool model is no 

longer valid and Chat the nominal atmosphere as currently defined represents a 

realistic worst case. The uncertainties in entry angle (-8 to -11 degrees) increases 

2 

the radiative heating by 582 to 38 kw/cm . Tm Jovian radiative heating is not as 
sensitive to changes in ballistic coefficient, a 102 change in 8 results in a 82 
change in radiative flux. The 3 degree uncertainty in entry angle accounts for a 
192 increase in convective heating, while a 102 change in 8 results in a 52 change 
in convective heating. The 3 degree uncertainty in entry angle causes the stagna- 
tion pressure to increase by A32 and a 102 increase in 8 causes a 102 change in pres- 
sure. These senstivities were factored into a maximum environment assessment. In 
summary, the maximum environments selected for simulation of a Jovian entry (includ- 
ing uncertainty effects) are; 


Peak radiative heating 
Peak convective heating 


- 38 kw/cm 

- 19 kw/cm^ 


Total heat load (radiative plus convective) - 440 KJ/cm 
Heat pulse duration - 14 sec 

Peak pressure - 10 atmosphere 

Peak deceleration load - 300 "g" 

Jupiter entry produces the most severe heating environment cf any planet con- 
sidered. This is primarily due tc a very high entry velocity (47 km/sec) which is 
a fundan^ntal result of Jupiters massiveness and hence very high gravitational field. 
Additional factors include a steep atmospheric density gradient (large inverse scale 
height) induced by the high gravity and a high vehicle ballistic coefficient result- 
ing from the large mass of a thick heat shield. However, the peak stagnation pres- 
sure and "g" loads are relatively moderate. This is a result of the rather shallow 
initial entry angle. 

Saturn Entry Environments - Physical characteristics of a Saturn entry probe 
were selected to be very similar to the Jovian probe. Nose radi equals 22.2 cm 
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for a syimecrical sphere-cone vehicle with an 89 cm diaaeter based diaaeCer. 
Environi^ncs are based on References 3 and 10 SaCurn/Uranus studies where Che 
initial entry velocity (relative) was 32 km/sec at an altitude of 600 km. The com- 
piled data also reflect an uncertainty in Che knowledge of Saturn location and 
physical nature. Unlike Jupiter, Saturn ephemeris and physical properties have not 
yet been investigated by flyby missions. The earliest opportunity for such refine- 
ment will be the Pioneer II flyby in 1979. As a result, large uncertainties in 
entry angle (+10 degrees) contributes to a rather steep (—48 degrees) design entry. 
The influence of atmosphere model and ballistic coefficient as well as entry angle 
on peak radiative heating, convective heating and pressure level are contained in 
Figures 13, 14 and 15. The atmosphere models are based on Reference 8. Additional 
models (Reference 9) have been developed and mission analyses need Co be performed 
for this new model. For the purposes of determining a set of design environments, 
the most conservati"e atmosphere model (cool) was selected. The maximum environ- 
ments selected for simulation of entry into Saturn are as follows and includes 
uncertainty effects. 


Peak radiative heating 
Peak convective heating 


- 20.5 kw/cm 

- 12.5 kw/cm^ 


Total heat load (Radiative plus convective) - 74 kJ/cm“ 

Heat pulse duration - 10 sec 

Peak pressure - 18 atm 

Peak deceleration load — 700 "g" 

Saturn entry produces the highest stagnation pressures and deceleration loads 
of any planet considered. This is a direct result of selecting a steep entry into 
a cool atnwsphere for purposes of design. The heating environment, however, is 
less severe than that encountered during a shallow Jupiter entry. This is primarily 
due to a lower entry velocity (32 km/ sec). 

Uranus Entr" Environment - At present, the Uranus entry environment is con- 
sidered best described by assuming it the same as Saturn. Available data is insuf- 
ficient for a separate Uranus presentation because of special problems involved in 
selecting an atmosphere model. The current cool atmosphere, which results in 
radiative heating of Jupiter proportions, is now considered invalid because of 
excessively high helium content relative to solar abundance. Use of the nominal 
atmosphere model eliminates the radiative component altogether. Hence, until more 
accepted atmosphere models become available and used in entry heating analysis, 
the Saturn environment is considered the best available approximation. 
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3.2 Jovian Radiative Heating Influence Factors - Prediction of the radiative 
heating was performed with very sophisticated computational codes that have been 
developed in the past few years specifically for outer planet entries. The presence 
of hydrogen-rich outer planet atmospheres siiq>lifies the continuum and spectral 
calculations, since the radiation characteristics of the simple hydrogen atom are 
well known, and have been substantiated by solar spectroscopic experiments. Nominal 
maximum conditions were selected for this detailed analysis to show the effect of 
an adiabatic shock layer, a cooled shock layer and a shock layer with carbon injec- 
tion. The majority of analyses were performed for: 

V„ (free stream velocity) “ 39.09 km/sec 

3 

P„ (free stream density) = 0.00039 kg/m 

Rjj (nose radius) = 22.22 cm 

A stagnation temperature of 15974‘*K and a stagnation pressure of 5.32 atm resulted 

with a shock standoff distance of 1.54 cm. For the adiabatic shock condition the 

entire zone between the shock and the heat shield would then be at 15974"K and 

2 2 

produce a total radiative heating of 49 kW/cm (25 kW/cm due to continuum and 24 
kW/cm due to line radiation). It should be remembered that this heating is signifi- 
cantly higher than what would actually be encountered. The temperature distribution 
across the shock layer and the species concentrations significantly affects the 
incident heat. 

Ablative heat shields are principally composed of carbonaceous material and 
the injection of ablation products into the shock layer can increase the shock 
standoff distance by 15%. Nominal temperature and carbon concentration distributions 
across the shock layer for a Jovian entry as developed in Reference 4 (reproduced 
in Figure 16) and used as a basis for investigating radiant heating patterns. The 
sensitivity of radiant heating to shock standoff distance and type of shock layer 
is contained in Figure 17. As can be noted the adiabatic shock layer heating is 
much higher than the cooled shock layer (no mass injection) which is in turn higher 
than the cooled shock layer with mass injection. The incident flux is roughly com- 
posed of equal parts of continuum and line radiation. In this comparison the edge 
and wall temperatures, along with pressure, were held the same. However, the 
resulting shock layer temperature distributions are changed slightly due to 
a thicker shock layer for the injection case. Carbon injection drops the inci- 

2 

dent flux (13.81 kW/on ) to 56% of the nominal cooled shock value. As can also be 
noted in the figure the sensitivity in radiative heating to changes in standoff dis- 
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tance is much less for carbon injection than either the adiabatic or cooled case. 

The sensitivities of radiative heating to variations in flow field conditions will 
be further quantitized in following sections. The spectral distribution for the 
cases without and with carbon injection are shown respectively in Figures 18 and 19. 
Many similar spectral distribution curves were prepared to generate the previous 
figures. The presence of carbon species essentially eliminates the high energy 
line photon energy transitions and much of the lower contributing energy bands. 

Variations in shock pressure for a given t^perature distribution alters 
the dieraical equilibrium composition and hence the radiant heating expected for a 
Jupiter entry. The sensitivity of pressure level on radiant flux is shown in Figure 
20. As the pressure in the shock layer is increased a larger portion of the 
radiant flux is due to the continuum radiation produced by electron reaching ioniza- 
tion energy from lower energy levels as compared to line transition which accounts 
for electrons going from one energy level to a level which is less than the ioniza- 
tion level. 

The spectral distribution for the Jupiter entry with an adiabatic shock layer 
at slightly different conditions than presented previously is shewn in Figure 21. 

Note the increase in energy in the various wave bands as compared to the cooled 
and injection cases. Superuq>osed is a reflectance curve for hyperpure silica, one 
of Che candidate heat shield materials for an outer planet probe. The reflectance 
approaches zero between 8 and 10 eV, which is the threshold of the vacuum ultraviolet 
range of the spectrum. Consequently, most of Che radiant energy below vacuum ultra- 
violet will be reflected. 

3.3 Heat Accommodation of Heat Shield Materials for Jovian Entry - Both 
carbonaceous and hyperpure silica materials are viable heat shield materials for a 
probe entering the Jovian atimssphere. The carbonaceous heat shield functions as a high 
performance ablator but it has a lower reflectance than the silica material and 
hence would be required to dissipate more radiant heat flux. Detailed conq>uter 
investigations were performed for a representative high speed flight condition. 

Results of Che investigation to compare the effectiveness of two heat shield materials 
in a Jupiter environment are shown in Figure 22. Reflectances of both a silica 
heat shield and a carbon heat shield were used in the analysis. The analysis was 
performed for conditions where there was mass injection as well as for a clean 
hydrogen/helium atmosphere. Temperature profiles (with and without injectant) and 
the injectant mass fraction profile (Figure 16) for a typical Jupiter entry shock 
layer were used in the comparison. 
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Radiant flux values are compared in Figure 22« It can be seen that the addi- 
tion of ablation material to the shock layer reduces the radiant flux directed 
toward the wall, with carbon having the greatest reduction (about 46%). The silica 
injection was considered in two forms - first as silicon (Si), and then as silica 
( 5 ^ 2 ). The flux directed away from the wall is a function of the wall spectral 
absorptance (a^) or emittance (e^) and the temperature assumed for black body o 
radiant. The absorptance was calculated assuming no radiant transmission through 
the wall material and the customary relationship involving reflectance (p^): 

o. = e . = 1 - p . 

IX X 

Analysis were performed for two absorptances and two wall temperatures. The 
spectral reflectance for silica in Figure 23 was used as one of the conditions for 
Si injection. An additional condition considered a constant value of absorptance 
equal to 0.5. Both were used vith two wall temperatures for the black body radia- 
tion 0°K and 4564°K. Figure 24 gives a comparison of the spectral fliix distributions 
between the flux incident on a silica heat shield and that reflected. Note the 
shift in the line and continuum spectral bands. 

The last column of Figure 22 compares the net radiative flux which the ablator 
must accommodate. Although the carbon reduces the heat flux incident on the wall 

more than does the silica, the nature of the r Elective surface of the silica makes 

2 2 

it a better heat shield material on a net flux basis (1.68 kw/cm vs 9.08 kw/cm ). 
Testing of the silica and carbonaceous materials should be performed to substantiate 
these values. 
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3.4 Carbon Phenolic Heat Shield Sizing (Jovian Mission) - Detailed analysis 
of heat shield requirenents have been made by Jovian entry probe designers. The 
effects of aechanlcal erosion, theranchad.cal recession and the heat shield Insula- 
tion were Included In the analysis to limit the bondline to 533°K. Current designs 
of a carbon phenolic heat shield relay on maintaining the adhesive Integrity between 
carbon phenolic layer and the honeyco^ support structure. Adhesives used for this 
purpose are limited to 533*K. As can be seen from Figure 25 approximately 7.2 cm 
of carbon phenolic are required for the stagnation point 0) cm on 

the cone. 
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4.0 EARTH ENTRY £NVlft(»DffiNT SIMULATION CAPABILITY 

One of the prise objectives of this study centers on obtaining environaents 
durii^ a hi^ spe«l entry on earth which are sisilar to those predicted for an 
<Miter planet probe. Moreover it is iaportant to understand the characteristics 
of the enviroments, the sensitivity to changes in entry conditions, flow field 
conditions, and heat shield design. Because of the Intense radiative heating pre- 
dicted for Jovian entry, the understanding of this parar eter during an earth entry 
is necessary. To these ends maps of entry environaents, sensitivity studies, shock 
layer analysis and heat shield perfomance evaluations were perforaed for high 
speed earth entry flights. 

4.1 Non-Blowing Earch Entry Environaents - The environaents that can be pro- 
duced by high speed entry into the earth's ataosphere are presented in this section. 
Data are shown for the range of initial entry conditions generally attainable by 
Shuttle launched boosters. This inforaation identifies the capability of earth 
flints to siaulate planetary entry environaent and the associated initial entry 
conditions. 

The environaental parameters shown are intentionally the saoa as those used 
previously to describe the planetary entry environaent. Stagnation point heating 
characteristics are emphasized but do not include the effect of re-radiation or 
boundary layer mass injection. These effects will be assessed in later sections. 

The range of initial earth entry velocity needed to simulate planetary heating 
is much lower than actual planetary mission entry velocities. This is due to dif- 
ferences in atmosphere composition. The outer planet atmospheres are composed 
primarily of hydrogen-helium mixtures at about the solar abundance ratio, whereas 
the earth atmosphere is nearly 21 percent oxygen and 79 percent nitrogen. From 
basic thermodynamics it is known that the low molecular weight gases, hydrogen and 
helium, have a much higher heat capacity than air. Thus simulation of similar 
shock layer temperatures or heating rates in air require a much lower entry speed 
than that of planetary entries. The higher molecular weight of air also results 
in a steeper atmospheric density gradient which enhances simulation of the peak 
environment conditions but reduces the heating duration. 

A 3 degree of freedom point mass trajectory computer program was used to 
compute earth entry trajectories. The earth model was a spherical rotating earth. 
All trajectories began at 121.92 km with the inertial velocity and flight path 
angle defined. In addition to computing altitude, velocity, flight path angle, 
latitude, longitude and heading as a function of reentry time, the program also 
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determined the trajectory conditions at peak stagnation point radiative heat flux, 
dynamic pressure, and deceleration. This was accomplished by automatic monitoring 
of these par^oeters as the trajectory was computctd. Once a peak value was passed, 
the trajectory parameter immediately preceeding the peak were stored. Upon comple- 
tion of a trajectory, smaller time step trajectory segments were computed about the 
peak values to provide a precise definition of the peak values. The dynamic pres- 
sure and decleration result from the solution to the equations of motion. The 

2 

stagnation point convective heat flux (kw/cm ) was determined by the following 

equation: ,2 3.15 

q = 0.01464 

%fhere P = atmospheric density (kg/m ) 

V = velocity (km/sec) 

“ nose radius (meters) 

This equation was evaluated at each point on the computed trajectory and integrated 
over the full trajectory to give the total convective heating at the stagnation 
point. The stagnation point radiative heat flux was determined from a table look- 
up of data for a cooled shock layer from Reference 11. These data provide stagna- 
tion point radiative heat flux as a function of altitude, nose radius, and velocity. 
A table look-up of radiative heat flux was performed at each point on the trajectory 
and the values integrated to give stagnation point total radiative heating. 

4.1.1 Reference Vehicle Environment - Detailed entry environment descriptions 

are presented for a cone/hemisphere shared entry body having a ballistic coefficient 
2 

(6) of 120 km/m and a nose radius (R^^) of 22.2 cm. A single reference vehicle 
configuration was chosen to allow a full yet concise presentation of the various 
environment and entry conditions parameters. The selected configuration is typical 
of outer planet probes currently under study. 

Figures 26 through 28 are computer summaries that detail the peak 
stagnation point values of radiative flux, convective flux and pressure/"g" loads. 
Data is presented as a function of initial entry conditions and describes the 
flight conditions at which the p^ak value of each environment parameter occurs. 

Each is composed of 48 cases which are subdivided into 6 groups of 8 cases 
each. As shown in the second and third columns, each of the 6 groups correspond 
to a different entry velocity while the 8 cases within each group represent a 
different entry angle. Note that these initial entry conditions are given as 
inertial coordinates. This is done for ease of comparison with the booster capa- 
bility information presented in Section 6, 
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The fourth chrou^ eighth coJunns provide a definition of that point in the 
mission at which the peak environment parameter occurs. The time shown refers to 
the length of time it takes to pass from an altitude of 122 km (400,000 ft) to the 
peak environment point. The individual values of altitude, relative flight condi- 
tions and free stream density are based on a due east entry into a 1962 U.S. 

Standard Atmosphere and a spherical, rotating earth. 

The ninth through twelfth columns list the magnitude of the environmental 
parameters of Interest. Peak values are Indicated by enclosure in a rectangular 
box. For example. Figure 26 presents the peak level of radiative flux. The cor- 
responding levels of convective flux, pressure and "g" loads do not represent maxi- 
mum values but rather the magnitude of these parameters that exist at the time of 
peak radiative heating. Similarly Figure 27 shows peak convective flux while 

Figure 28 indicates maximum pressure levels and "g" loads. It should be pointed 

2 

out that peak radiative flux values in excess of about 50 km/cm are an extrapolation 
of the computed data. Values so noted should be treated with caution. 

The final three columns shown the total stagnation point heat load. Radiative 
and convective components are listed as well as the sum total. These are total 
mission values and hence are the same on each table. 

Graphical presentations of these tabular data are also presented. Figures 29 
through 34 illustrate the effect of initial entry conditions on peak heating rates, 
pressure, "g" loads and total heat load. Figures 35^and 36 indicate the duration 
of the radiative and convective heat pulse. Figures 37 through 40 show the initial 
entry angle and velocity combination necessary to achieve a given maximum level of 
heat flux, pressure and "g" loads. 

4.1.2 Environment Sensitivity to Configuration - The effect of variations in bal- 
listic coefficient (6) and nose radius (P^) are shown in this section in terms of their 
effect on peak heating rates, pressure and "g" loads. Information is presented in 
the form of normalized sensitivity factors and also by illustrating the change in 
initial entry conditions required to achieve selected levels of radiative heat 
flux. These data are intended to provide a simplified scaling method that can be 
applied over a wide range of initial entry conditions. They reflect the combined 
results of many point design computer runs. However, a degree of environment 
approximation is incorporated to achieve the desired range of entry condition 
applicability with a simple presentation of data. Hence these predicted environ- 
ment variations with vehicle configuration should be considered first order trend 
data as opposed to precise, point design solutions. 
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Nonaalized sensitivity factors are suomarized in Figure 41 and presented 
graphically in Figures 42 through 45. Vehicle characteristics are referenced to the 
S and values employed in Section 4.1.1 Similarly, the environment parameters 
are referenced to the values shown in Section 4.1.1 for any given entr> angle and 
velocity combination. As indicated, both radiative and convective flux levels 
are influenced by both 8 and R^. However, pressure level is a strong function of 8 
but independent of R^ while deceleration "g” loads are essentially independent of 
both vehicle parameters. These unequal dependences on vehicle configuration infers 
that various combinations of environment parameters can be produced by proper mani- 
pulation of vehicle design characteristics. 

Vehicle configuration variations also influence entry condition requirements 
if the level of environment simulation is fixed. This influence is illustrated in 
Figures 46 through 50 for representative levels of radiative heat flux. Figures 
46 through 48 show the effect of 8 changes only (R^^ = reference) while Figures 49 
through indicate the 8 effect with a smaller R^ (higher convective fltuc). These 
data show the increasing 8 can be used to substantially lower either the entry angle 
or the entry velocity requirement for a specified heating level. This also implies 
that a reduction in required booster size may be possible. If 8 is increased by mass 
addition, the reduction in booster AV required (lower entry conditions) may be 
greater than the reduction in booster AV capability (payload mass increase). 

4.2 Factors Influencing Radiative Heating for Earth Entry - The computation 
of continuum and line spectral radiation from a shock layer is more involved for 
an earth entry than for a Jovian entry. This is primarily due to the increased 
nundier of species and the states that can be attained with air as compared 
to the simpler, hydrogen-helium atmosphere. An investigation was performed to 
document the differences between computational procedures, the sensitivities of 
radiant flux due to changes in shock layer structure and the presence of carbon 
species. 

4.2.1 Sensitivities of Earth Entry Radiant Heating - The radiant heating 
table used in Section 4.1 to generate entry heating trajectory curves was generated 
by Kenneth Sutton using NASA-LRC 3UT0 computer code. The SUTO code computes the 
inviscid flow field as well as the radiant heating whereas Aero therm RASLE also 
includes boundary layer computation* The radiant heating portion of RASLE and SUTO 
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have their genius in the RADlCAL/69 computer code. A copy of RADICAL/69 is opera- 
tional on the MDAC-E computers and used extensively in this study. A two conditions 
evaluation emerged to evaluate radiant heating computed by the three codes. Both 
adiabatic and cooled shock layer conditions were evaluated. Figure 52 lists the flow 
field conditions and the resulting heating for adiabatic and cooled shock layer. The 
adiabatic computations were made with a uniform temperature across the shock layer 
and the cooled shock layer computations employed temperature profiles. SUTO modeled 
only the inviscid portion of the shock while RASLE included boundary layer effects 
at the wall. The two temperature profiles are shown in Figure 53. Of course the 
profile Including boundary layer effects Is closer to what would be expected in 
flight. As can be seen in Figure 52 by examining the adiabatic shock results, the 
shock temperature (T ) drives the incident flux. The effect of temperature profile 
on incident flux is evident by examining the cooled shock layer results. Using 
the higher temperature of the boundary layer edge produces high heating than account- 
ing for the temperature drop in the boundary layer. The RADICAL/69 results compare 
quite favorably %d.th SUTO results and are within 10 percent of RASLE results. 

Spectral distributions of the wall flux are contained in Figures 54 through 57 
as obtained using the RADICAL/69 calculations. The RADICAL/69 calculation method 
was used for the remainder of this study. 

Changes in free stream flow conditions result in a change in the overall temper- 
ature level of the shock layer, while a change in vehicle nose radius directly 
affects the shock standoff distance and consequently effects the so called "shock 
layer thickness". The sensitivity of radiant heating to several temperature levels 
over a range of shock layer thicknesses or standoff distances is shown in Figure 
58. To obtain the other temperature levels, the "condition 1" temperature distri- 
bution was multiplied by a constant factor throughout. It appears that temperature 
level has more effect than the shock standoff distance. For ease in interpolating 
Che total flux, a carpet plot is presented in Figure 59. Figure 60 compares the 
spectral flux distribution at the extremes of the conditions analyzed. The zones 
(photon energy) where radiant energy is released are essentially the same for the 
three conditions plotted, only the magnitude of the energy release changes. It is 
very apparent that a shock layer with a 90% temperature distribution with a thinner 
thickness (0.75 cm) releases much less energy than the nominal condition layer. 
Conversely if the temperature level is high (10%) than predicted and the shock 
thickness is (1.25 cm) much more energy is released. An additional carpet plot 
showing the effect of a constant temperature shock layer is presented in Figure 61, 
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FIGURE 52 


TEMPERATURE DISTRIBUTIONS ACROSS COOLED SHOCK LAYER 

(EARTH ENTRY) 



FIGURE 53 
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SPECTRAL NALL FLUX, ADIABATIC SHOCK LAYER (CONDITION 2) 

(EARTH ENTRY) 
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SPECTRAL NALL FLUX, CONDITION 2 COOLED SHOCK LAYER 

(EARTH ENTRY) 
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FIGURE 55 ' 


SPECTRAL HALL FLUX, ADIABATIC SHOCK LAYER (CONDITION 1) 

(EARTH ENTRY) 
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FIGURE 56 
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FIGURE 57 


SENSITIVITY OF RADIANT HEATING TO SHOCK LAYER 
TENPERATURE AND THICKNESS 
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EFFECT OF SHOCK LAYER TEMPERATURE AND THICKNESS 
ON RADIANT HEATING 

earth e:.trv = 14 _o km/sec 

radical/69 cooled SHOCK LAYER h = 42 KM 



SENSITIVITY OF SPECTRAL FLUX DISTRIBUTION TO SHOCK 
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FIGURE 60 
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The effects of the expected temperature distribution across the shock, layer is 
contained in Figure 62. For this sensitivity analysis several temperature distri- 
butions for the zone (6/Y < .5) near the wall were faired into the nominal temper- 
ature distribution computed by Sutton. These temperature distributions were used 
to con^>ute incident radiant flux as a function of wall temperature. As can be seen 
in the figure for the cooler wall conditions which are expected for carbon phenolic 
or silica ablators the incident flux is only moderately sensitive to wall temperature. 
The spectral flux distribution at several wall temperatures is compared in 
Figure 63. The sensitivity of radiant flux (Figure 64) to temperature distribution 
across the shock layer was further studied by fixing the wall at 4370“K (nominal 
sublimation temperature of carbon phenolic) and varying the profile adjacent to the 
wall to give the influence of boundary layer thickness for the same shock layer 
thickness. The thicker (Y„) the boundary layer the lower the incident heat flux. 

D 

An overall comparison of different actual flight conditions is shown in Figure 
65, which presents the spectral flux distribution. The wall temperature is the same 
for all three cases and the normalized temperature distribution away from the wall 
effects is also the same and follows the basic Sutton distribution. 

4.2.2 Evaluation of Profile Definition - Several highly sophisticated 

automated procedures are in use to compute radiation transport through the shock 

layer. There is a RADICAL/69, the RASLE, the code used by G. Moss and the SUTO code 

used by K. Sutton, just to name a few. A few benchmark calculations are being 

made using the RASLE for a fully coupled flow field for the design of the earth 

entry probe. Radical/69 is essentially the radiation code in RASLE and SUTO and used 

to study the characteristics of the radiant environment. The computer cost for 

each code can be high depending on the fineness of the lattace size through the 

shock layer. One of the key factors governing the radiative heat transport is 

the definition of the temperature profile across the shock layer. Consequently this 

investigation centered on the numerical definition of the temperature profile, the 

uncertainties of the profile, and the computational cost savings that could be 

realized by using fewer points to define the curve. Figure 66 graphically describes 

the coupled temperature distribution across the shock layer and Figure 67 contains 

the computed heating. Using the temperatures printed out by the RASLE code (to 

2 

the nearest degree kilven) results in a radiant flux of 22.5 kw/cm . Reducing the 
number of points defining the temperature profile reduces the computer run time 
accordingly and results in a considerable savings (about 40%). However, taking 
every other point from the original array does not yield the same result, nor 
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EFFECT OF ADIABATIC TEMPERATURE AND SHOCK THICKNE^ ON RADIANT HEATING 
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EFFECT OF NALL TEMPERATURE ON RADIATIVE HEATING 
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FIGURE 62 
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EFFECT OF HALL TEMPERATURE ON SPECTRAL FLUX DISTRIBUTION 
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FIGURE 63 
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effect of flight conditions on spectral distribution 
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temperature profile analyzed FOR EARTH ENTRY SHOCK UYER 
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TEMPERATURE PROFILE DEFINITION ANALYSIS 
(FOR USE IN RADICAL/69) 

ATMOSPHERIC COMPOSITION (WEIGHT FRACTION) P. = 6. 
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does altering the values in such a way that round-off, either on tiic high or low 
side, results in the same three significant digits. What is required for th' 
particular profile is a better definition at the knee in the cur\e, yet st^ i 
with the reduced number of points. This may be accomplished by selecting more 
points in this area ard reducing the number of points closer to the wall. VJhat 
appears to be just as effective in this case are points equally spaced through the 
shock layer. 

Results from the RADICAL/69 solution are eight to ten percent lower than 
from the RASLE code. The radiation calculations in the RASLE code have been updated 
and such a comparison was anticipated by Bill Nicolet who wrote both comput ■>r programs. 

4.2.3 Impact of Shock Layer Carbon Concentration on Radiant Heating - The 
effect of carbon injection on earth entry radiative flux is presented in Figures 
68, 69 and 70. The effect of a constant level of carbon phrough the entire shock 
layer for the adiabatic condition is shown in Figure 68. The effect of two differ- 
ent carbon distributions for the cooled shock layer temp'-rature distribu ons pre- 
viously presented in Figure 62 is shown in Figure 69 The presence of carbon 
species released into the shock layer by ablation tends to increase heating at high 
wall temperatures whereas at cooler wall _emperatures the presence of carbon de- 
creases heating. Figure 70 compares the spectral flux distribution with and with- 
out carbon injection as affected by wall temperature. 

4.2.4 Sensitivity of f aximum Radiative Heatiig - In the previous sections, 
the impact of changing a particular environment factor on radiative heati’^g has 
been .'ixalyzed. The gro..s changes in radiative heating are summarized in '■igure 

71. Knowledge of the temperature distribution in the shock layer compares with the 
temperature behind the shock as the main factors affecting radiative hearing. 

Pressure is the next irapcrtant factor but the uncertainties in pressure calculation 
methods is minimal. The other factors fall into the third category of importance. 

It should be pointed cut that the presence of an ablation gas (carbon) in the shock 
layer strongly affects the temperature distribution and hence the heating. This 
point will be addressed in a later section. 

4.3 Heat Accommodation of Heat Shield Materials for Earth Entry - To form 
the basis for comparison between earth entry radiant heat and that for a Jovian 
entry (See Section 7), a series of analyses were performed for the maximum heating 
point, various entry angles, wall emittance/ref lectances and injecta”t.,. Figure 72 
contains the detailed results including contlnuum/lines for the fl..A toward the wall 
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EFFECT OF CARBON CONCENTRATION ON ADIABATIC SHOCK 
LAYER RADIANT HEATING 

EARTH ENTRY 

RAOICAL/69 AUlABATIC SHOCK LAYER 



FIGURE 68 
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EFFECT OF NALL TEMPERATURE ON RADIATIVE HEATING 
WITH CARBON INJECTION 
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FIGURE 69 


EFFECT OF WALL TEMPERATURE ON SPECTRAL FLUX 
WITH CARBON INJECTION 
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SENSITIVITY OF MAXIMUM RADIATIVE HEATING EXPERIMENTAL OBJECTIVES 
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RADIANT HEATING COMPARISON OF SEVERAL INJECTANTS AT 
PEAK RADIATIVE HEATING FOR EARTH ENTRY 
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and that reflected. In making this analysis the premise was made that a corres- 
pondence between the temperature and concentration distributions across the shock 
layer exists between a Jovian and earth entry. Consequently, the normalized dis- 
tributions in Figure 16 are applicable to earth entry. 

Four states were investigated: 

1) No injectant and the wall exhibited hyperpure silica radiative properties. 

2) No injectant and the wall was carbonaceous (emittance = 0.8). 

3) Silica injection and hyperpure silica radiative properties. 

i) Carbon injection and 0.8 wall emittance . 

The incident radiative flux decreased with mass injection. Even though the incident 
flux on the wall was slightly higher for silica than for the carbon injection, the 
heat reflected by the silica was much greater and consequently the carbon material 
has to accomiuodate more radiant energy than the silica. For the steeper entry 
(-40°), the carbon heat shield has to accommodate almost twice the energy. 

4.3.1 Coupled Solutions - A second set of detailed flow field analyses were 

performed at the maximum heating condition for the y^- -40“, V^“16.76 km/sec case. 

RASLE code was used to analyze three situations; no injection, carbon phenolic 

injection and silica injection. The RASLE code computes the velocity profile, 

concentration profile and the ablation rate based on an energy balance at the 

ablator surface . For the no injection case, the radiative flux toward the wall 
2 2 

was 24.27 kW/cm as compared to 22,698 kW/cra using the RADlCAL/6? code. The 
eight percen- difference is due to technique for computing partition function. 

The solution for the carbon phenolic case produced a temperature distribution, as 
expected, that was significantly different from the ..o injection case and cooler 
than the carbon injection case. Figure 73 shows the temperature profiles. Hie 
spectral distribution (Figure 74; for carbon phenolic injection shows where the 
heating is reduced or eliminated as compared to the no injection case. The carbon 
phenolic blowing caused a thick zone of cooler gas near the wall and hence a lower 
heating rate. The carbon phenolic case has 25 species in the shock layer as 
opposed to 20 species for the carbon heat shield. Each specie has its own continuum 
and line radiation descriptors and hence greater computations are required for 
the carbon phenolic. The periner." results from the RASLE solutions are contained 
in Fi'^ure 75- Only a small part of the reduction in radiant flux can be attributed 
to a lower ablation temperature (4020“K) used for the carbon phenol? c as compared 
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CARBOii r -.EKOLIC ABLATION REDUCTION 
IN SPECTRAL HEATING. EARTH ENTRY 




FIGURE 74 
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RESULTS FROM COUPLED SOLUTIONS FOR EARTH ENTRY 
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to the no injection case (4370®K). The carbon phenolic injection case shows about 
a 50% reduction in radiative heating and almost a complete elimination of convec- 
tive heating (from 6,52 to 0.379 kW/cm^). 

Ihe silica injection case had a temperature distribution that was different 
than the other cases examined (See Figure 76). Twenty species were considered in 
the analysis. Also the ablation temperature (3450°K) used for silica was much 

2 

Iwer than that for the other materials. Even so, the radiative flux (14.356 kW/cm 

2 

was higher than that predicted for carbon phenolic (12.474 kW/cm ). A similar 
increase was experienced in the first study of carbon and silica injection. 

2 

The radiative flux computed for the 3450“K silica wall was 14.356 k /cm as 
opposed to 25.481“K for the 4370®K silica wall. Cooling the wall temperature 
rapidly decreases the radiative flux. 
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NORMALIZED SHOCK LAYER DISTANCE - Y/6 


...... JUPITER, CARBON 

INJECTION 

EARTH 

NO INJECTION 

— SILICA INJECTION 

CARBON PHENOLIC 
INJECTION 


FIGURE 76 
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5.0 EARTH ENTRY MANEUVERS 

Ths naneu'er requlrenents necessary to achieve a range of steep, fast entry 
conditions are developed in this section. This information gives experiment planners 
an initial insight into the scope and nature of the orbital mission phase. Addi- 
tionally, these data provide a means of comparing the initial entry conditions 
required for environment simulation (Section 3) with the performance capability of 
typical Shuttle launched boosters (Section 7). 

The earth orbit maneuver requirements is divided into four parts. The first 
describes the basic, high apoapsis deorbit maneuver necessary to produce the extreme 
entry conditions of interest. The second part defines the required velocity incre- 
ments for each maneuver bum as a function of entry conditions. The third part 
shows representative mission profiles in terms of ascent and descent ground tracks. 
The fourth part illustrates the correlation of environment simulation with velocity 
increment requirements using radiative heat flux as the example. 

5.1 Deorbit Maneuvers - The selected deorbit maneuver strategy is pictorially 
described in Figure 77. This highly elliptical trajectory technique, suggested 
by NASA-Ames, allows high speed and angle entries to be efficiently achieved from 
a low, circular initial orbit. Compared with a direct deorbit from low altitude, 
this maneuver strategy reduces required thrust to those normally attain- 
able with typical Shuttle upper stages and minimizes the velocity increment (AV) 
needed for steep entries. 

As shown in Figure 77, three maneuver burns are used to accomplish deorbit 

beginning in a 296 km circular orbit. This initial orbit selected as typical 

of Shuttle insertion conditions. The first maneuver is a tangential, posigrade 

burn that initiate*^ Hohmann transfer to a preselected apoapsis altitude (R ) . The 

a 

value of R is treated as a basic mission variable and was varied from 2 to 40 earth 
a 

radii above the earth’s center. The second maneuver is a tangential, retrograde 
burn applied at apoapsis to achieve the desired entry angle. This maneuver also 
adjusts the trajectory so that entry occurs at a proper location relative to tne 
desired impact point. Any plane change corrections required to attain such an entry 
location would be included in the second burn by vector summing. The third maneuver 
burn is applied along the flight path just before entry to increase velocity to 
the desired value. 
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Figure 78 shows the entry velocity that would result if only the first two 
maneuver burns were accomplished. As indicated, each combination of entry angle 
and apoapsis distance produce a unique value of entry velocity that decreases with 
steeper angles and Increases with high apoapsis distances. As apoapsis increases, 
the effect of entry angle diminishes to essentially zero and entry velocity approaches 
an upper limit of about 11 km/sec. This is well below the 13 to 20 km/sec range of 
required entry velocity (reference Section 3.0). Hence a third burn is always 
required, the mangitude of which is the difference between the required entry 
velocity and that achieved by a two bum maneuver. 

Figure 79 shows the mission time interval required tc accomplish the deorbit 
maneuver. This is the elapsed time between the first maneuver burn and the beginning 
of atmospheric entry at 122 km (400,000 ft). As shown, the time interval required 
is a strong function of apoapsis altitude but essentially independent of entry 
angle. 
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5.2 Velocity Incr^ent Requlraieats - nie inplaae velocity Incrwwnt (AV) 
required to accoaplish the deorbit auieuvers are stnnarized in Figures M throu^ 
84. These data illustrate tiiat the AV requirsaents are large but that can 
be ai ni adted by increasing aq^psis altittale, particularly for steep entry angles. 

The AV required for the first or hoteann transfer bum (Figure 80) increases 
with apoapsls but is independmt of entry angle. However, the second or apoapsis 
bum AV requiments (Figure 81} reduce with incre^ii^ apoai^is aiul increase as 
entry angle bec(»es steeper. The net effect is Illustrated by the Fi^re 82 au»> 
aation of AV^^ and AV^. At entry angles steeper than about -50 degrees, increasing 
apoapsis red u c es Uie total two bum AV r«}uir»ents. This trei^ becoaca very pro- 
nounced as entry angle anproaches -90 degrees. However, for shallow entries, a 
■oderate AV penalty results froe increasing apoapsis. 

The AV required for the third or velocity adjusteent bum is presented in 
Figure 83 as a function of desired entry velocity. As noted in the previous sub- 
section, this AV^ is the difference between the desired entry velocity and the entry 
velocity resulting froa a two bum velocity only (reference Figure 78). Hence 
the AV^ requireaent decreases as apoapsis altitude increases. The trend is similar 
with entry angle although at high apoapsis, the AV dependencry on entry angle 
diminishes to essentially zero. 

The total deorbit maneuver AV requireaents , i iiini i irfl in Figure 84, increase 
linearly with entry velocity for a given apoapsis altitude and entry angle. Lower- 
ing entry angle reduces the total AV required as does increasing apoapsis altitude, 
particularly for steep entries. 

An example of the AV penalty associated with out-of-plane maneuvers is illus- 
trated in Figures 85 and 86. These values represmt AV increments that oust be 
added to the second bum, in plane requirements to achieve a preselected impact 
point location. The exaiq>le shown assumes impact near Ascension Island and a due 
east launch of Shuttle from ETR. The Shuttle orbit nuad>ers shown correspond to 
deorbit maneuver initiation (AV^) sometine during the second, third or fourth 
Shuttle orbits following Initial insertion* This is discussed further in the 
following subsection. 

These data show that plane change AV penalties reduce with increasing apoapsis 
altitude and can be minimized by selecting a relatively steep entry angle. However, 
for apoapsis above 3 earth radii, this AV penalty is small to negligible compared 
to the total inplane AV requirements of Figure 84. 
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PLANE CHANGE aV PENALTY - R, = 6.5 

0 TOTAL AV 2 = aV^ (in plane) + ACAVg) 

0 DUE EAST LAUNCH FROH ETR TO 296 KH CIRCULAR ORBIT 
0 ASCENSION ISLAND RECOVERY ZONE 



FIGURE 85 
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PLANE CHANGE aV PENALTY - R, = 3.5 

0 TOTAL AV 2 = aV^ (in plane) + 

0 DUE EAST LAUNCH FROM ETR TO 296 KM CIRCULAR ORBIT 
0 ASCENSION ISLAND RECOVERY ZONE 



FIGURE 86 
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5,3 Ground Tracks - In the previous sections the booster AV requirements for 
each burn and the resultant inertial entry conditions have been defined. This sec- 
tion identifies the latitude and longitude of the first and second booster burns, 
the resultant entry conditions for Impact at Ascension Island, the Shuttle orbits 
from which these can be achieved, and two representative ground tracks. 

To establish these parameters, the following deorbit strategy was used. The 
first burn of the Hohmann transfer was assumed to be made from a point on the Shut- 
tle orbit and at the same heading as the Shuttle, i.e., no plane change was 
associated with the first burn. The location of apoapsls on the Hohmann transfer 
orbit is then at a latitude equal in magnitude but opposite in sign to the first 
burn latitude. The apoapsls longitude will be the first bum longitude plus 180 
degree minus the earth's angular velocity, ft , multiplied by the Hohmann transfer 
time, T, from the first burn to apoapsis, i.e., 

e = e , + 180 - ftT 

apogee perigee 

Once the apoapsis location was determined, the trajectoiry from apoapsis to impact at 
Ascension was computed as follows. First the impact point latitude and longitude 
at Ascension was selected as -7.95 deg (7.95 deg south) ,345.667 deg (14.333 deg 
west), respectively. Then the deorbit trajectory required to hit the impact point 
from apogee was computed along with the inertial entry conditions at the pierce 
point. The deorbit trajectory velocity, flight path angle, and azimuth at apoapsis 
is established by the second burn of the booster. The vectorial difference between 
pre-burn and post-burn conditions at apogee establish the AV requirements for the 
booster. This analysis identifies a latitude and longitude for the first and 
second burns on specified Shuttle orbits and the resultant velocity, flight path 
angle, and azimuth that can be achieved at Ascension Island. The trajectory from 
entry to impact neglects atmospheric effects. This does not affect the results 
significantly. 

The first question to be resolved was: what Shuttle launch azimuth should be 
used from KSC? Fortunately, a due east launch from KSC to a 296 km circular orbit 
provides impact at Ascension with essentially no plane change requirements at apogee 
and entry velocities (prior to the third burn) of more than 10 km/sec over a wide 
range of flight path angles. Figure 87 is a summary table defining potential first 
burn locations and resultant entry conditions for a 6.5 earth radii deorbit trajec- 
tory. The Shuttle longitude and latitude correspond to 10 deg increments along the 
orbital path. The particular values selected provide inertial entry conditions in 
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DEORBIT CONDITIONS FOR Ra = 6.5 TRAJECTORY 

SHUHLE ORBIT ALTITUDE = 160 NMI 


SHUTTLE 
ORBIT # 


■ 

AZIKUTH 

(0E6) 

VE 

(KM/SEC) 


3-SM 

BOOST 
{ KM/SEC) 

ER aV 
POGEE 
AAV 

(KM/SEC) 

TIME SINCE 
FIRST ORBIT 
TIME 
(MIN) 

2 

1 

174.04 

13.80 

64.82 

10.29 

-19.60 

39.90 

113.81 

32.310 

75.26 



182.90 

17.86 

67.42 

10.28 

-23.97 

60.63 

160.27 

13.59 

77.77 



192.17 

21.44 

70.76 

10.27 

-28.57 

61.51 

218.40 

5.595 

80.28 



201.90 

24.41 

74.81 

10.26 

-33.37 

62.00 

288.73 

2.248 

82.79 



212.07 

26.64 

79.48 

10.25 

-38.36 

62.35 

371.64 

.845 

85.30 

2 

222.58 

28.03 

84.61 

10.24 

-43.51 

62.56 

467.20 

.275 

87.80 

3 & 2 

233.28 

28.50 

90.00 

10.23 

-48.82 

62.66 

575.24 

.062 

90.31 


3 

254.49 

26.64 

100.52 

10.21 

-59.81 

62.57 

825.39 

.005 

95.33 



264.66 

24.41 

105.19 

10.20 

-65.44 

62.42 

965.00 

.021 

97.84 


3 

274.39 

21.44 


10.19 

-71.10 

62.23 

1111.69 

.033 

100.34 



169.06 

21.44 


10.29 

-19.76 

46.65 

115.38 

454.28 

170.59 



178.79 

24.41 

74.81 

10.28 

-23.87 

51.29 

159.07 

327.97 

173.10 



188.96 

26.64 

79.48 

10.27 

-28.26 

54.81 

214.08 

234.90 

175.61 



199.47 

28.03 

84,61 

10.26 

-32.87 

57.67 

280.90 

167.34 

178.11 

3 & 4 

210.17 

28.50 


10.25 

-37.69 

60.13 

359.91 

120.27 

180.62 



220.88 

28.03 

95.39 

10.24 

-42.68 

62.37 

451.24 

88.92 

183.13 



231.39 

26.64 


10.23 

-47.84 

64.56 

554.68 

68.74 

185.64 



241.55 

24.41 

■II1.-WW 

10.22 

-53.13 

66.85 

669.37 

56.33 

188.15 



251.28 

21.44 

109.24 

10.21 

-58.50 

69.47 

794.09 

49.37 

190.65 



260.56 

17.86 

112.58 

10.20 

-63.92 

72.78 

926.83 

46.76 

193.16 



269.42 

13.80 

115.18 

10.19 

-69.31 

77.45 

1064.63 

48.63 

195.67 



277.94 

9.39 

117.03 

10.18 

-74.52 

84.93 

1202.55 

56.93 

198.18 



286.23 

4.753 

118.13 

10.18 

-79.27 

98.95 

1330.94 

78.59 

200.69 

<1 


165.85 

26.64 

79.48 

10.29 

-20.40 

38.36 

121.62 

863.33 

265.92 



176.36 

28.03 

84.61 

10.28 

-23.99 

46.00 

160.43 

684.69 

268.42 

4 & 5 

187.06 

28.50 

90.00 

10.39 

-27.05 

51.80 

209.65 

546.27 

270.93 

i 

} 

197.77 

28.03 

95.39 

10.27 

-32.14 

57.09 

269.80 

437.12 

273.44 



208.28 

26.64 

100.52 

10.26 

-36.59 

61.52 

341.14 

351.69 

275.95 



218.44 

24.41 

105.19 

10.25 

-41.23 

65.64 

423.67 

286,61 

278.46 



228.17 

21.44 

109.24 

10.24 

-46.01 

69.74 

516,97 

239.04 

280 96 



237.45 

17.86 

112.58 

10.23 

-50.90 

73.95 

620.13 

206.30 

283.47 



246.31 

13.80 

115.18 

10.22 

-55.84 

78.70 

731.28 

186.41 

285.93 



254,83 

9,39 

117.03 

10.21 

-60.73 

84.39 

847.82 

177.97 

288.49 



271.29 

0.0 

118.50 

10.19 

-69.83 

101.62 

1078.21 

199.15 

293.51 



279.45 

-4.75 

118.13 

10.19 

-73.49 

115.77 

1174.98 

238.79 

296.02 



287.74 

-9.39 


10.18 

-75.90 

135.46 

1239.54 

313.63 

298.53 

C 

w 


296.26 

-13.80 

115.18 



10.18 

-76.43 

159.02 

1253.79 

438.86 



301.03 
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the 10 km/sec velocity range and flight path angles between -20 and -79 deg. The 
azimuth on the Shuttle orbit is the inertial value and corresponds to the payload 
azimuth during the first burn. The entry azimuth is an inertial azimuth at the 
entry altitude of 121.92 km. The inplane AV requirement, AV 2 , and the AV penalty, 
AAV, for plane change at apoapsls are also provided. Finally, the time between the 
end of the first orbit and the first Hohmann transfer burn is given. For the first 
window on orbit 2 and 3 almost no plane change penalty is incurred. During later 
Shuttle orbits, tb . plane change AV penalty is minimum for the intermediate values 
of flight path angles. Deorbit opportunities are available on three consecutive 
Shuttle orbits with at least a 25 minute launch window on each orbit (at the sacri- 
fice of entry flight path angle). This allows for very flexible mission planning. 

Figure 88 tabulates the same type of data for a deorbit trajectory with a 3.0 
earth radii apogee. The first Hohmann transfer burn must occur further east than 
for the higher apoapsis deorbit discussed previously. This is due to the shorter 
flight time of the low apoapsis mission. The entry velocities are between 9 and 

9.5 km/sec and the approach azimuth is more from the west than the previous case. 

The most significant difference is the higher plane change AV penalty which on 
the first opportunity exceeds 300 km/sec for all cases. 

To provide mission planning infoinnation, the times given in the last column of 
Figures 87 and 88 are plotted as a function of the inertial entry angle in Figure 
89. For a given entry angle this time can be added to the total deorbit times 
given in Figure 79 to give the total time from end of first orbit 
to impact at Ascension. The end of the first orbit is used as the initial time 
because Shuttle orbit insertion requires most of the first orbit. Depending upon 
the procedure for circularizing the Shuttle orbit, the time for the first orbit 
can vary significantly. 

The data provided in Figures 87, 38 and 89 can be used for mission planning and 
to define ground tracks. Figures 90 and 91 provide typical ground tracks for the 

6.5 and 3.0 earth radii missions, respectively. The deorbit maneuvers are made from 
the second Shuttle orbit and the entry conditions are noted on the figures. For the 
high apogee case of Figure 90, the first burn occurs near Hawaii and cou.’ ' be 
tracked from there. The Hohmann transfer ground track goes over Mexico and the 
northern coast of South America. As the payload approaches apoapsis the relative 
ground speed is faster than the payload velocity and the ground track reverses. 

The second burn occurs at apoapsis just off the east coast of South America. 

After the apoapsis burn, the ground track continues westward until the 
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DE0R3IT CONDITIONS FOR Ra = 3.0 TRAJECTORY 

SHUTTLE ORBIT ALTITUDE = 160 NMI 



FIRST BURN 


ENTRY INERTIAL 


TIME SINCE 


CONDITIONS 




FIRST ORBIT 

SHUTTLE 

LONG. 

LAT. 

AZIMUTH 

''e 

^E 

AZIMUTH 

AV2 


TIME 

ORBIT # 

(DEC) 

(deg) 

(DEG) 

(DEG) 



(KM/SEC) 


(MIN) 

2 


96.214 

-24.408 

74.81 

9.50 

-19.83 

114.80 

247.75 

1047.64 

52.68 




-21.440 

70.76 

9.47 

-23.30 

110.36 

327.41 

847.89 

55.19 



115.221 

-17.861 

67.42 

9.44 

-27.05 

106.62 

426.21 

692.03 

57.70 




-13.803 

64.82 

9.41 

-31.09 

103.27 

546.31 

569.59 

60.21 




- 9.393 

62.97 

9.37 

-35.42 

100.09 

689.92 

474.99 

62.72 




- 4.753 

61.87 

9.32 

-40.05 

96.86 

859.02 

404.58 

65.23 



149.059 

0 

61.50 

9.27 

-44.98 

93.38 

1054,90 

355.21 

67.74 



157.225 

4.753 

61.87 

9.22 

-50.19 

89.40 

1277.56 

324.49 

70.24 



165.512 

9.393 

62.97 

9,17 

-55.64 

84.52 

1524.79 

311.38 

72.75 



174.035 

13.803 

64.82 

9.12 

-61.20 

78.11 

1790.13 

317.59 

75.26 



182.897 

17.861 

67.42 

9,08 

-66.67 


2061.11 

349.53 

77.77 



192.17 

21.44 

70.76 

9.05 

-71.61 

55.19 

2312.95 

424.15 

80.28 




24.41 

74.81 

9.04 

-75.18 

33.69 

2498.18 

579.76 

82.79 

2 


26.64 

79.48 

9,03 

-76,14 

5.23 

2548.30 

874.81 

85.30 

3 

92.111 

-17,861 

67,42 

9.51 

-18.10 

107.20 

212.38 


148.01 



100.972 

-13.803 

64.82 

9.49 

-21,35 

101.73 

281.24 

1067.79 

150.52 



109.496 

- 9.393 

62.97 

9.46 

-24.89 

97.27 

367.69 

879.84 

153.03 



117.783 

- 4.753 

61,87 

9.43 

-28.71 

93.40 

473.90 

731.88 

155.54 



125.949 

0 

61.50 

9.39 

-32.81 

89.81 

601.84 

615.28 

158.05 



134.116 

4.753 

61.87 

9.35 

-37.20 

86.29 

753.46 

525.36 

160.55 



142.403 

9.393 

62,97 

9.30 

-41.88 

82.63 

930.29 

458.87 

163.06 



150.926 

13.803 

64.82 

9.25 

-46.84 

78.59 

1132.88 

413.43 

165.57 



159.787 

17.861 

67,42 

9.20 

-52.05 

73.86 

1360.19 

387.45 

168.08 



169.064 

21.440 

70.76 

9.16 

-57,41 

67.98 

1607.85 

381.29 

170.59 



178.794 

24,408 

74.812 

9.11 

-62.78 

60.18 

1867.26 

398.54 

173.10 



188.958 

26.640 

79.480 

9.08 

-67.87 

49.14 

2121.60 

449.29 

175.61 

3 

199.47 

28.03 

84.61 

9,05 

-72.13 

32.78 

2339.75 

556,47 

178.11 

3 

1 4 

210.17 

28.50 

90.00 

9.04 

-74.64 

9.51 

2469.74 

762.47 

180.62 

4 

94.673 

- 4.753 

61.866 

9,50 

-19.13 

90.13 


983.70 

245.85 



102.804 

0 

61.500 

9.48 

-22.60 

86.08 

310.27 

790. :-0 

248.36 



111.006 

4.753 

61 .866 

9.45 

-26.34 

82.56 

406,44 

642.56 

250.86 



119.294 

9.393 

62.969 

9.41 

-30.36 

79.42 

523.67 

527.08 

253.37 



127.817 

13.803 

64.816 

9.37 

-34.67 

76.43 

664.21 

483.44 

255.88 



136.678 

17.861 

67.416 

9.33 

-39.28 

73.41 


372.47 

258.39 



145.955 

21.440 


9,28 

-44.20 


1022.97 

325.82 

260.90 



155.685 

24,408 

74.812 

9.23 

-49.41 

66.46 

1243.34 

295.87 

263.41 



165.849 

'26,640 

79.480 

9,18 

-54.88 

61.98 

1489,45 

281.19 

265.92 

4 

176.359 

28-028 

34.614 

9.13 

IBnwfS 


1756.79 

282.53 

268.42 

4 a 5 

187.063 

28.500 


KHHiJ 

-66.15 


2035.26 

304,59 

270.93 

5 

197.766 

28.028 

95.386 

KllSil 

-71.45 

35.61 

2304.60 

360.66 

273.44 


208.276 

26.640 

ICO. 52 


-75.65 

15.44 

2522.65 

483.85 

275.95 

5 

218.44 

24.41 

105.19 


-77.41 

155.72 

2614.84 

739.84 

278.46 
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velocity again exceeds earth rotational speed near the west coast of South Aaerica. 
The ground track then proceeds northeast until iaqiact at Ascension. Because of the 
apogee altitude of 6.5 earth radii, the second bum is observable froa Ascension. 

Hie ground crack for the low apoapsis deorbit is quite different as shown in 
Figure 91. The first Hohaann transfer bum occi rs over Indonesia and north of 
Australia — considerably west of the previous ca'e. The Hohaann transfer orbit 
crack is only sj,ightly different froa a t 3 rpical Shuttle track until it passes over 
the coast of Mexico. Apoapsis is achieved over northern South Aaerica. Ac this 
altitude the second bum will be cAservable froa Ascension. The ground track froa 
apogee to iiqiact then approaches Ascension froa the west as coapared to Che south- 
west approach for the higher apoapsis. 

The tiae line for the = 3.0 and 6.5 aissions are suararized in Figure 92. 

The R = 3.0 aission Cakes about six hours and the R = 6.5 aission takes lust under 
a a 

13 hours. 

In conclusion, a due east launch froa KSC provides aultiple opportunities for 
payload targeting at Ascension. Opportunities exist during the second, third, or 
fourth orbits. The plane change penalty at apoapsis can be ainiaized by selecting 
appropriate launch points on the Shuttle orbit. Coverage of the second bum is 
excellent froa Ascension; coverage of the first bum nay be possible froa Hawaii, 
KHR, or Guam for specific entry conditions. 
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PLANETARY ENTRY GROUND TRACKS 
(APOAPSIS » 6.S EARTH RADII) 



LONGITUDE • KG 

FIGURE 90 
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PUNETARY ENTRY MISSION EVENT SEQUENCE 


TIME (HR: MIN) 

EVENT 

Ra = 6.5 


00:00 

00:00 

LIFTOFF 

01:27 

01:27 

014S SHUTDOUN-160 Ifil CIRCULAR ORBIT 

02:25 

02:02 

DEPLOY lUS 

02:55 

02:32 

IGNITE lUS FOR FIRST BURN OF HOHMANN TRANSFER 

08:06 

04:34 

IGNITE lUS FOR SECOND BURN AT APOAPSIS 

12:32 

05:55 

IGNITE lUS FOR THIRD BURN TO INCREASE ENTRY VELOCITY 

12:37 

06:00 

ENTRY AT 121.92 KM 

12:41 

06:04 

IMPACT 
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5.4 Typical Eavironaent Simulation - The previous subsections have addressed 
the deorbit maneuver requires^nts in the general terms o£ initial entry conditions. 
However, these requirements can also be expressed more directly in terms of environ- 
ment parameter simulation. For example, the deorbit maneuver AV requirements are 
presented in Figures 93 through 94 using peak radiative flux as the specific 
environment parameter. 

The optiirjm entry angle (y) Is shown In Figure 93 as a function of apoapsls 
distance (R ). This is the y that minimizes the total inplane AV needed to simi- 
late a given level of radiative flux. Figure 94 graphically Illustrates the 
procedure for identifying the optimum value of y. Note that the option is rather 
flat; variations of +5 degrees around the optimum y do not significantly effect AV 
requirements . 

Figure 94 presents the total AV required as a function of apoapsis distance 

and radiative flux level. The beneficial effect of increasing R is quite pro- 

sl 

nounced at low altitudes but diminishes rapidly above an R of about 4 earth radii. 

a 2 

The effect of radiative flux level or AV is nearly linear above about 20 kW/cm . 
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OPTIMUM ENTRY ANGLE FOR RADIATIVE FLUX SIMULATION 



APOAPSIS DISTANCE (R^) - EARTH RADII 

(b) EXAMPLE DERIVATION (Ra = 6.5) 



ENTRY VELOCITY - km/sec 
no 
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6.0 SHUTTLE LAUNCHED BOOSTERS 


The physical characteristics and performance capabilities of typical Shuttle 
launched boosters are summarized in this section. The purpose of these data is 
to provide an understanding of the payload mass versus earth entry condition 
constraints imposed by current technology. Shuttle upper stages. Figure 95 shows 
the candidates boosters and assembled vehicles in relation to the Shuttle. 

These boosters fall into four categories which cover the existing technology 
range of upper stage performance and physical size. Each class is illustrated by 
a representative design. Category 1 is a cryogenic propellant class of booster 
such as the Centaur. This class represents the highest available performance but 
also the biggest. Category 2, an existing storable propellant booster, such as 
the Transtage, is presented as a.4 example of intermediate size and performance. 

Agena and Delta also fall into this category. Category 3 is a storable propellant 
design based on using components from the Shuttle auxiliary propulsion system. 

This multi-stage velocity package is an example of a very compact configuration 
that allows maximum opportunity for shared payload launches of the Shuttle. 

Category A, a solid propellant booster, is shown using the best available defini- 
tion of the recently selected Interim Upper Stage (lUS) concept. 

Each booster class is described by a survey (including References 11, 12 and 
13) of dimensional and mass characteristics and by parametric performance curves. 

The performance capability is shown in terms of payload mass versus velocity incre- 
ment (AV) and also by the entry angle versus velocity attainable for selected values 
of apoapsis distance and payload mass. 

6.1 Existing Cryogenic Booster - The Centaur, which is the only cryogenic 
(O 2 /H 2 ) stage currently in use, is shown as the example design for this class of 
booster. Figure 96 presents the mass, dimensional and propulsion characteristics 
of the Centaur plus a spin stabilized, TE364-4 solid motor second stage. Although 
the Centaur alone performance is within the entry simulation range of interest, it 
is less than the other candidate, multi-stage, vehicles. Adding the TE364-4 stage, 
make the performance of this system the highest of any considered. Hence, this 
two stage configuration is presented as an example of the maximum performance capa- 
bility available. 

Figure 97 Illustrates performance capability in terms of oayload mass versus 
velocity increment (AV). Figure 98 describes the entry conditions that can be 
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TYPICAL CRYOGENIC PROPELUNT BOOSTER DESCRIPTION 
(CENTAUR/TE96M) 





STAGE 

MASS 

k| (lb) 

THRUST N (lb) 

Ijp Vsec (sec) 

SECOND STAGE 

ADAPTER 

0 

0 




INERT 

75J 

( 167.0) 




BURNOUT 

75.8 

( 167.0) 

68^05400) 

2782 (283.8) 


EXPENDED 

1M5.5 

( 2305J) 




IGNITION 

112U 

( 2472.0) 



RRST STAGE 

INTERSTAGE* 

86.7 

( 19U) 




INERT •• 

2495.0 

( 5501.0) 

129.900(29200) 

4311 (439.6) 


BURNOUT 

3703.0 

( 8164.2) 




EXPENDED 

13532.0 

(29833.0) 




IGNITION 

17235J 

(37997.2) 




* INCLUDES 2ND STAGE SPIN TABLE 
•* INCLUDES AVIONICS 


FIGURE 96 
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CENTAUR/TE364-4 PAYLOAD MASS CAPABILITY 


2ND 1ST 

STAGE STAGE TOTAL 



VELOCITY INCREMENT - km/sec 
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CENTAUR 'TE364-4 ENTRY CONDITIONS CAPABILITY 

90 r 
80 'I 

70 

60 - 
50 - 
40 - 
30 > 

20 * 


(b) 100 kg PAYLOAD 

R;, = 2 3 4 5 10 15 40 EARTH RADII 

a 



FIGURE 98 


(a) 50 kg PAYLOAD 

R, = 2 3 4 5 10 15 40 EARTH RADII 

Q 
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CENTAUR/*^E364-4 ENTRY CONDITIONS CAPABILITY (Continued) 
(c) 150 kg PAYLOAD 



ENTRY VELOCITY (V) - km/sec 


(d) 200 kg PAYLOAD 



12 14 16 

ENTRY VELOCITY (V) - km/sec 


FIGURE 98 (CONT) 
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achieved for selected values of apoapsls distance and payload mass (5G, 100, 150 and 
200 kg). Note that as apoapsis (R ) Is Increased, higher entry velocities can be 

d 

attained at steeper entry angles. In all cases, the Centaur stage accomplishes the 
first and second maneuver burn and a portion of the third or final burn while the 
solid motor Is used to complete the final burn. 

6.2 Existing Storable Booster - The Transtage is selected as the example 
design for this booster class on the basis that it provides mciximum per'^crmance 
capability with minimum modification. Of the designs considered were the Delta 
and Agena stages. Physical and propulsion characteristics of the Transtage plus 

a TE364-4 solid motor upper stage are described in Figure 99. An auxiliary stage 

is necessary to achieve performance levels high enough to be of interest for 
environment simulation missions. 

Figures 100 and 101 present the Transtage/TE364-4 performance capability in 
terms of payload mass and entry conditions respectively. The second stage restart 
line of Figure 101 reflects the limited AV capability of the Transtage plus the 
single start limitation of current solid motors. To achieve steep entries at 
lower apoapsis altitudes, the first two maneuver burns require more AV than is 
available from the Transtage alone. Hence the second stage must be used to com- 
plete the second or apoapsis burn. It must then be shut down during the coast to 
low altitude and restarted to accomplish the third or velocity adjustment burn. 

6.3 Short Length Existing Component Stcrable Booster - A multi-stage velocity 
package compo'°-^ of Shuttle Auxiliary Propulsion System Components is shown to 
illustrate t 't length high AV class of storable (N^O^/MMH) boosters. The 
compact velc _y package is an example of how existi-g components can be configured 
to best utilize the wide but length limited shape of the Shuttle payload bay. 

This maximizes opportunity for shared payload launches of the Shuttle, In con- 
trast, the other booster classes represent relatively long, narrow upper stages 
that were originally designed for ground launched, expendable boosters. 

Figure 102 describes the physical and propulsion characteristics of the three 
stage velocity package. The first two stages are identical and composed of tank, 
engine and flow control components oeing developed for the P “action Control System 
(RCS) of Shuttle. The third stage is a spin stabilized, TE364-4 solin motor. 

Figure 103 shows the basic payload mass versus AV performance capability of 
each stage while Figure 10^ presents the entry condition capability for representa- 
tive apoapsis distances and payload masses. The third stage restart limit of 
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TYPICAL EARTH STORABLE PROPELLANT BOOSTER DESCRIPTION 

(TRANSTAGE/TE96M) 



STAGE 

MSS 

kc 

m 

TWtUSTRdM 

ljp«^scc(sco| 

SECaRU STAGE 

ADAPTER 

0 

1 


■■I 


MERT 

K1 

( lOA 

(tsnasMO) 



BtHMOIT 

7SJ 

( lOJ) 


■■■ 



IMSJS 

( 2395J) 




IGRITIQR 

112U 

(2f72J) 



FIRST STAGE 

IHTERSTAGE* 

KJ 

( 1»^ 




■lERT** 

17BJ 

(37S8J) 

011005733) 

29S5O01J) 



29HJ 

(M13J) 





lOMIJ 

(Z3B3ZJ) 





133SU 

(29MSJ) 




* mCUIOES 2RO STAGE SPIR TABLE 
•*HICUIDESAVI0RICS 


FIGURE 99 
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TRANSTAGE/TE364-4 ENTRY CONDITION CAPABILITY 
(a) 50 k| PAYLOAD 

Ra = 2 345 10 15 40 EARTH RADII 



12 14 16 18 2u 

ENTRY VELOCITY (V) - km/sec 


(b) 100 k{ PAYLOAD 

«a = 2 345 10 15 40 EARTH RADII 



12 14 16 18 20 

ENTRY VELOCITY (V) - ktn/sec 
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TRANSTAGE/TE364-4 ENTRY CONDITION CAPABILITY (Contiiiueil) 

(c) 150 kf PAYLOAD 



(d) 200 ke PAYLOAD 

Ra = 2 3 4 5 10 15 40 EARTH RADII 



FIGURE 101 (CONT) 
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TYPICAL “SHORT LENGTH” BOOSTER DESCRIPTION 
(SHUTTLE COMPONENT VELOCITY PACKAGE) 



1 STAGE 1 

■ASS 

kl (lb) 

THRIJST N (lb) 

I 

1 

> 

THIRD STAK 

ADAPTER 

0 

0 




INERT 

754 

( 167.0) 

68400 OS«W) 

2782 (213.1) 


BURNOUT 

754 

( 167.0) 




EXPENDED 

10454 

(2305.0) 




IGNITION 

112U 

( 24724) 



SECOND STAGE 

INTERSTAGE * 

3494 

( 7704) 




INERT 

1316.0 

( 29024) 







15984(3600) 

2834 (289) 


BURNOUT 

278U 

( 61444) 




EXPENDED 

39314 

( 8667.0) 




IGNITION 

67174 

(14811.0) 



FIRST STAGE 

INTERSTAGE 

454 

( 1004) 




INERT 

1316.0 

( 29(C4) 

15984(3600) 

2834 (289) 


BURNOUT 

80784 

07813.0) 




EXPENDED 

3931.0 

( 8667.0) 




IGNITION 

120094 

(26480.0) 




* INCLUDES AVIONICS AND 3RD STAGE SPIN TABLE 


figure 102 
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VELOCITY PACKAGE PAYLOAD MASS CAPABILITY 


1ST 2ND 1ST + 2ND 3RD 

STAGE STAGE STAGE STAGE TOTAL 
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VELOCITY PACKAGE ENTRY CONDITION CAPABILITY 
(a) 50 k| PAYLOAD 



ENTRY VELOCITY (V) - km/sec 


(b) 100 kf PAYLOAD 



ENTRY VELOCITY (V) - km/sec 
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VELOCITY PACKAGE ENTRY CONDITION CAPABILITY (Continued) 


a - 


(c) 150 k{ PAYLOAD 

2 3 4 5 10 15 40 EARTH RADII 



ENTRY VELOCITY (V) - km/sec 


90 

80 
70 

60 
50 

40 

30 f- 

20 — 


(d) 200 k{ PAYLOAD 

2 345 10 15 40 EARTH RADII 



IP 12 14 16 

ENTRY VELOCITY (V) - ktn/sec 


T8 


FIGURE 104 (CONT) 
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1 


Figure 104 represents the same operational constraint as discussed in the preceed- 
ing subsection. 

6.4 Existing Solid Motor Booster - A preliminary version of the Interim 
Upper Stage (lUS) is presented as an example of the solid propellant class of 
booster. The configuration shown is necessarily preliminary since the Air Force 
is in the process of awarding a contract to define the final lUS characteristics. 
Figure 105 summarizes the characteristics of a two stage lUS plus a spin stabilized, 
TE364-4 solid motor used as an auxiliary third stage. A third stage is required 
because of the three burn nature of the deorbit maneuver and the single start 
limitation of current solid motors. 

The performance capability of the IUS/TE364-4 is shown in Figures 106 and 
107. The third stage restart limit of Figure 107 is imposed for the same reasons 
as discussed in previous subsections. The first stage AV limit is a similar 
constraint arising from the single start nature of the second stage. It should be 
noted that the Figure 107 entry’ condition capability is conservative in that it 
was assumed that any excess AV from either the first or second stage was wasted by 
non-optimum trajectory usage. In particular, the second stage apoapsis burn can 
probably be applied in a manner that utilizes this excess energy to increase 
entry velocity. This should be the subject of detailed trajectory analysis for a 
given mission application. 
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STAGE 

MASS kt (lb) 

THRUST N (lb) 

I3P m/$ec (sec) 

THIRD STAGE 

ADAPTER 0 0 

INERT m ( 167.0) 

68,500 (15400) 

2782 (283 J) 

BURNOUT 7SJ ( 167.0) 

EXPENDED KM5.5 ( 230S.0) 

IGNITION 112U ( 2472J)) 

SECOND STAGE 

INTERSTAGE* KJ ( 19U) 

INERT” 648.5 ( 1430.0) 

BURNOUT 1856J ( 4093J) 

EXPENDED 216U ( 4767.0) 

IGNITION 4018.2 ( 8860.2) 

62,720 (14100) 

2909 (296.6) 

FIRST STAGE 

INTERSTAGE 

INERT 932J (2057.0) 

BUWOUT «KU ( 10917 J) 

EXPENDED 9144.7 (20164.0) 

IGNITION 14095J (3KM1.2) 

186800 (32000) 

2838 (289.4) 


• INCLUDES 3RD STAGE SPIN TABLE 
•• INCLUDES AVIONICS 


FIGURE 105 
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SOLID IUS/TE364-4 PAYLOAD MASS CAPABILITY 


1st 2nd 3rd 1st & 2nd 

STAGE STAGE STAGE STAGE TOTAL 



VELOCITY INCREMENT - km/sec 


FIGURE 106 
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0 SINGLE START PER STAGE o IN PLANE MANEUVERS 

(a) 100 kg PAYLOAD 



ENTRY VELOCITY (V) - km/sec 

(b) ZOO kg PAYLOAD 

90 

80 

70 
60 

50 
40 
30 
20 

ENTRY VELOCITY (V) - km/sec 
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7.0 COMPARISON OF REQUIREMENTS AND CAPABILITIES 
The environments that can be produced during a high speed earth entry are com- 
pared In this section with those predicted for the outer planets to determine what 
conditions will produce the best simulation. Four aspects of the simulation are 
examined. Do differences in atmospheric composition affect shock layer spectral 
radiative heating? What conditions can the boosters produce to best simulate peak 
radiative heating (nonblowing)? What conditions can the booster produce to best 
simulate multiple nonblowing environments? And finally, what conditions will pro- 
duce the best simulation when the heating is reduced due to mass injection carbon- 
aceous and hyperpure silica heat shields? 

The atmosphere composition differences between earth and an outer planet raise 
the issue of shock layer radiation spectral distribution. The incident radiation 
spectrum is a complex function of many variables, chief among which are gas composi- 
tion, total energy, density and shock layer thickness. The shock layer radiation 
interacts with the boundary layer gases so that the spectral intensity and total 
radiant energy incident on the heat shield surface can differ significantly from 
the initial shock layer values. While planetary entry levels of radiative heating 
can be simulated during earth entry, the difference in atmosphere composition results 
in a different spectral distribution. Spectral distributions of incident radiative 
flux for a Jovian and an earth entry were compared (see Figure 108) to determine 
similarities. There are obviously similarities as well as differences. Both have 
qualitatively similar distributions. The Jupiter distribution peaks in the visible 
spectrum and again in the VUV at about 11 electron volts. The earth distribution 
peaks in the near-infrared and also in the VUV at 10-11 electron volts. For the 
hydro'en-helium acmosphere of Jupiter most of the energy is produced in the ultra 
viol.t., visible and infrared regimes with only 20% lies in the vacuum ultra violet 
(VUV) region. This is not the case for an earth entry. Approximately half of the 
energy lies in the VUV region (photon energy greater than 6,5 ev) , The reflectance 
of silica drops off in the VUV, so almost all the energy in this region will be 
absorbed. Consequently, about 50% of the incident radiation will be absorbed by the 
silica shield for an earth entry as compared to 25% for a Jovian entry. These per- 
centages will change when blowing is present. 

While the spectral distribution differences are of little concern for testing 
carbonaceous heat shields, they are a consideration in testing reflective sildca 
heat shields. Since the reflectivity of silica is spectrally dependent as depicted 
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in Figure 108, only about half of the incident radiation from an air shock layer 
will be reflected. This is not expected to destroy the validity of such a test. 
Indeed if the silica heat shield can absorb the higher energy radiation in addition 
to the convective heating, it will demonstrate the effectiveness of a reflective 
heat shield in an environment even more severe than it was intended to experience. 


SPECTRAL DISTRIBUTION CONSIDERATIONS 


ni.o 



2 4 6 8 10 12 14 

PHOTON ENERGY - hv-ev 


ENERGY 

PLANET 1 

DISTRIBUTION* 

JUPITER 

EARTH 

% BELOW VUV 

80 

50 

% ABOVE VUV 

20 

50 

% ABSORBED 
(SILICA) 

26 

50 


'PEAK RADIATIVE FLUX 
STAGNATION POINT 
NINBLOWING 


FIGURE 108 
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7.1 lfc»~Blowlng Radiative Flux Siaulation - High radiation flux levels of 

CKiter planet proportions can be achieve by earth entry flights using a variety 

of Shuttle launched boosters. This is illustrated by Figure 109 which sumarizes 

the co^tarison of plmetary sinulation requirenents with earth fllgnt test booster 

capabilities. The shaded area of Figure 109 represents the earth entry conditions 

required to sinulate the radiative flux level range of interest. The lower bound 
2 

of JO kw/cn is Che nlninn level to produce a radiation dominated environment. 

2 

The upper bound of 40 kw/cm is the maxi«in design level for Jupiter entry simula- 
tion. The four booster classes presented represmt the range of entry condition 
capability available from current technolog 3 .’ upper stages. As described in Section 
6.0, the exaiq>le designs used for each class are the Centaur/TE364-4 (cryogenic), 
the Trans cage/TE364-4 (storable), a Shuttle RCS Velocity Package (short length), 
and the IUS/TE364-4 (solid). As shown, the entry condition capability of each 

booster classes is well above the minimum requirement and, in fact, exceed the 
2 

20 kw/cm maximum requirement for Satum/Uranus entry simulation. Further, the 

capability of the cryogenic and storable classes exceed the maximum Jupiter 

2 

requirement of 40 kw/cm . 

A more detailed comparison that includes the effect of apoapsis altitude and 
entry vehicle mass variations is shown in Figure 602 using the Transtage/TE364-4 
(storable class) as the booster exaoqile. One point to be noted is chat increasing 
apoapsis altitude increases the peak radiative flux level that can be simulated 
with a given booster and entry vehicle mass (Figure 110) . This effect is parti- 
cularly pronounced at low apoapsis but reaches a point of diminishing returns at 
an apoapsis of about 10 earth radii. Hence for a fixed booster and entry vehicle, 
apoapsis altitude can be used to adjust the level of radiative flux produced during 
entry. For instance, a 100 kg entry vehicle (reference design) could simulate a 
Saturn entry at an 2 while the same mass vehicle could simulate a Jupiter 

entry by increasing R^ to about 6.5. 

A second point illustrated by Figure 110 is that increasing entry vehicle >tass 
actually improves radiative flux simulation capability if C^A is held constant. 

In this case, the ballistic coefficient (m/Cj^A) increases directly proportional to 
the mass increase which causes a corresponding increase in radiative flux for the 
same entry conditions. Offsetting this is the reduced entry condition capability 
of the booster rmsulting from increased payload mass. However, the net effect is 
beneficial; the entry condition requirei^nt for a given radiative flux level goes 
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down faster than the booster entry condition capability. This can be seen in Figure 

110 by noting that as payload mass increases, higher radiative flux levels are 

achievable if R is held constant or a lower R can be used if radiative flux is 
a a 

held constant. 

7.2 Multiple Non-Blowing Parameter Simulation - Although earth entry condi- 
tions can be selected that will result in matching peak radiative heat flux levels 
for entry into Saturn or Jupiter, the precise simultaneous matching of all other 
entry parameters can only be approximated. Figure 111 presents four additional 
earth entry environment parameters as a function of the peak radiative heat flux. 

It is seen that peak convective heat flux is essentially independent of entry angle 
and always falls short of the planetary value by Just under a factor of two. The 
total integrated heat load can be varied by about a factor of three depending on 
the selection of the entry angle. This permits one to match the total heat load 
for Saturn. However, even the shallowest earth entry falls short of the total heat 
load for Jupiter. Although this might be of some concern if the flight test is 
meant to qualify a Jupiter heat shield, it is not expected to be a serious deficiency 
when the flight test is intended to enlarge the technology base. G-loads and stag- 
nation pressure are closely related and can be nearly matched for either Jupiter 
or Saturn. The best overall match can be obtained for Jupiter at a 20 degree entry 
angle. Referring back to Figure 109 it is seen that this requires an earth entry- 
velocity on the order of 20 km/sec. This will of course be extremely difficult to 
achieve with any but the most energetic upper stage boosters. 

As shown in Section 4, vehicle configuration can also influence the relative 
as well as Che absolute level of environment parameter simulation. In addition to 
varying the entry velocity and flight path angle, the level of radiation flux can 
be altered by selecting different ballistic coefficients and different nose radii 
for the entry vehicle. For example, doubling the ballistic coefficient more than 
doubles radiative flux hut increases convective flux by less than 50 percent. 
Similarly reducing nose radius by a factor of 2 reduces radiative flux by about 
20 percent but increases convective flux by approximately 40 percent. This points 
out the potential use of vehicle configuration "tailoring" as a means of closer 
simultaneous simulation of environment parameters. For example. Figure 112 illus- 
trates how reducing nose radius can more closely achieve simultaneous simulation 
of peak convective and radiative flux levels. 
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7.3 Simulation of Jovian Radiative Heating with Blowing - As n^ntloned pre- 
viously, the computation of radiative heating in the presence of mass injection due 
to ablation involves sophisticated computer codes. Methodology within these codes 
yield slightly different values of heating due to the formulation of temperature 
profiles, species concentration profiles, spectral reflectance, integration techni- 
que, spectral absorption coefficients, etc. Detailed analysec were made for several 
Jovian flight conditions and earth flight conditions, and for three heat shield 
materials; carbon, carbon phenolic and hyperpure silica. First, a point comparison 
is presented for a typical Jovian condition followed by the parametric analysis for 
simulation of maximum heating. 

7.3.1 Simulation of Typical Radiative Heating with Blowing - In Section 3.2, 
the incident and net heat flux were determined at a peak, heating (condition "II") 
during a typical Jovian entry. For the carbon heat shield, the incident radiative 

flux was 13.81 kW/cm^ and the net flux that the heat shield had to acconnodate was 

2 2 
9.08 kW/cm . For the hyperpure silica heat shield, the incident flux was 24 kW/cm 

2 

with 1.0 kW/cm that had to be accommodated. These heating values are compared in 
Figure 113 with peak flux produced during earth entry from = 16,76 kra/sec as a 
function of enetry angle. It should be noted that Jovian similar profiles through 
the shock layer were used for the earth entry computations. The shaded bands on 
this figure represent changes in heating that may occur due to moderate mass injec- 
tion. When massive blowing occurs, a larger change in heating is obtained. The 
carbon shield shows a much smaller change in heating than obtained for carbon 
phenolic. In addition to the carbon species generated by the carbon shield the 
carbon phenolic liberates C-H radicals which are good absorbers of VUV radiation 
and hence a lower heating. 

As shown on the figure both the incident and the net radiative fluxes to the 
carbon are matched at an entry angle of -22 degrees. The incident flux on the silica 
shield is matched at -48 degrees but the net flux will be substantially greater than 
predicted for the Jovian entry. This increase is beneficial in simulating total 
heat and heat shield performance. Similar results are obtained in the next section 
when analyzing maximum design heating simulation. 

7.3.2 Simulation of Maximum Radiative Heating with Blowing - The uncertainties 

in Jovian entry conditions resulted in a maximum non-blown radiative heating of 

2 

38 kW/cm . The corresponding blown radiative heating values for the candidate heat 
shields are; 
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The maximum blown heating environments on the heat shields during earth entry using 
the Transtage/TE364-4 and the SRM IUS/TE364-4 booster were determined to establish 
the degree of simulation. The comparisons are shown on Figure 114. Both the 
incident and net maximum heating to the carbon phenolic shield can be simulated 
using the Transtage booster. Simulating the maximum incident radiative flux requires 
a trajectory to 12 earth radii, however, the carbon phenolic shield will be required 
to accommodate 17Z more net flux than for a Jovian entry. This additional flux 
improves the simulation of total heat. 

A Transtage boost will also match the incident flux on the silica shield but 
5-1/2 times the required net flux will be experienced causing an increase in sur- 
face recession. This is not expected to destroy the validity of such a test. 

Indeed, if the silica can accommodate this additional heat, it will demonstrate the 
capabilities of the reflective heat shield. The net flux to the silica shield can 
easily be simulated with either the Transtage or the SRM lUS by flying a trajec- 
tory to altitudes less than 2 earth radii. Using the SRM lUS to simulate carbon 

phenolic shield net flux is possible by flying to R =20 but the incident flux 
2 2 ^ 

is 22 kW/cm instead of 26.6 kW/cm . Similarly a solid lUS boost does not produce 

2 

the desired incident flux on the silica shield. A maximum of 24 kW/cm is achieved. 

These are very high radiative heating values and obtaining data in this radiation 

dominated regime is worthwhile and will significantly increase the technology base. 

2 

If simulation of a 30,5 kW/cm radiative flux on a silica shield is absolutely 
required, a larger solid lUS stage would be required. 
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8.0 ENTRY VEHICLE EXPERIMENTS 

Projected technology needs for a complement of entry individual experiments 
were assessed by reviewing state of the art measurement goals and by conversation 
with outer probe teams and key NASA personnel. The experiment goals were defined 
and the return expected from a measuring device weighed against the impact on the 
vehicle design and weight increment. A recommended list of experiments was compiled 
and the location of instruments coordinated with the design of the entry vehicle. 
Because the flight experiment vehicle is primarily a heat shield/thermal environment 
research tool, its heat shield must be a part of the experiments in addition to 
providing vehicle thermal protection. In some instances the experiments and/or 
instrumentation drove vehicle design. 

Candidate heat shield concepts were identified (Figure 115) and their 
attributes are as follows: 

A. Single Ablator - This concept, which would employ either a reflective or 
non-ref lective heat shield is conceptually the simplest and most reliable. 
For any given entry profile, it is probably also the lightest; thus this 
concept should permit a larger fraction of vehicle mass to be devoted to 
instrumentation, data management, and recovery. Separate flights would 

be required to address each of the candidate heat shield materials. 

B. Heat Sink Approaches - The large heating rates which the entry vehicle will 
encounter precludes the useful application of beryllium heat sinks in the 
manner employed by the PAET, or FIRE vehicles (References 14 

and 15), For instance, tirae-to-melt for a berryllium heat sink at a flux 
of 1 kW/cm“ is approximately 7 seconds, at 10 kW/cm" it is 0.07 seconds. 
Because efficiency of mass transfer cooling increases with free stream 
enthalpy, the possibility exists that local application of transpiration 
cooled surfaces may be feasible. Active transpiration has been successfully 
employed on reentry vehicles to protect small areas from convective heating 
comparable in severity to the required environment. In assessing the feasi- 
bility of employing transpiration locally, the effect of the radiative 
environment needs to be evaluated. 

C. Dual Ablator Concepts - A number of possibilities exist for using more than 
one ablator in the heat shield. Such an approach suggests the possibility 
of obtaining performance comparisons between two or more heat shield 
materials which have been exposed to the same environment. In addition, 
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there is an obvious appeal to testing two or more heat shields '.'for the 
price of one"« A number of potential problems require investigation 
before such an approach can be judged completely feasible. Some of these 
are: 

o Contamination - Can inter-ablator contamination either in the 
boundary layer or due to liquid runoff be avoided? 
o Material Interfaces - Are problems likely to arise due tc surface 

discontinuities at ablator material interfaces? Are chemical reactions 
between adjoining ablators likely to cause difficulties? 
o Vehicle aerodynamics - Are differences in recession rates between 
ablators likely to introduce pitching or rolling moments? 
o Trajectories - Are different test trajectories for reflective and 
carbonaceous ablators necessary to meet planetary entry technology 
needs? 

o Structural integrity - Can structural integrity be preserved with a 
multiple ablator heat shield? 

The alternating quadrant approach shown in Figure 115 has been successfully 
employed to test more than one ablator. However, the vehicle geometry and 
flight environment were different from those envisioned for the planetary 
entry simulation and ground testing is necessary before flight. 

The key experiment affecting vehicle design was the complexity of the heat 
shield design. All candidate heat shield designs were evaluated and the single 
material design selected. The other designs did not test candidate outer planet heat 
shield materials or had problems with interfaces between materials that would recede 
at different rates and contaminate one material by the flow of dissimilar ablation 
products over adjacent materials. Also a heat shield segmented with dissimilar mate- 
rials would have stress and strain patterns far different than the single heat shield 
design used in the outer planet probes. Instrumentation location would also have 
to be compromised because of attachment devices and minimum edge distance require- 
ments needed to minimize local stress concentrations. 
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8,1 Experiment definition - One of the end products of this program is the 
design of cn earth entry flight experiment which will provide valuable information for 
the successful entry of a probe irto the atmosphere of an outer planet. In general, 
flight experiments are used to achieve an adequate entry technology base for future 
design by firming up the foundations in several areas of technology. The principal 
planetary entry technology needs are: 

a. Verified shock layer radiation heating predictions. 

b. Verified predictions of radiation blockage by ablation. 

c. Verification of heat shield design 

- carbon phenolic mechanical and chemical erosion characterization 

- silica performance and structural integrity 

d. Establishment of a reliable transition criteria under conditions of high 
energy flow and high rates of ablation. 

e. Determination of turbulent heat transfer. 

f. Determination of the influence of the chemicaJ state of the shock layer 
and ablation product gases on radiative and convective heat transfer. 

g. Development of reliable predictions of afterbody heating and loads. 

a. Determination o heat shield stresses, 

i. Investigate vehicle aerodynamics and stability. 

It is very important to test a full heat shield so that the correct stress 
le\els, mechanical and thermal, can be developed. Consequently, the experiments 
wh-cn are described in this section are based on a full ablative heat shielu. The 
candidate experiments envisioned to meet these needs can be grouped in three 
categories : 

a. Flow field 

b. Heat sh Id performance 

c. Aerodynamics 

Measurements of various parameters can provide data with which to substantiate or 
update theoretical analyses or provide empirical correlations. Instrumentation 
available to make measurements and which can be packaged in the earth entry vehicle 
include; 

1. Thermocouples; surface, indepth stack, and internal. 

2. Pressure probes 

3. Accelerometers 



146 


/VfCOO/W/VE'LL DOUGLAS ASTRONAUTICS COMPANY - EAST 



/ 


VOL II PLANETARY ENTRY FL^T EXPERIMENTS 


REPORT BCQaS 
29 FEBRUARY ISt 



4. Strain gauges 

5. Electrostatic probes 

6. Eadi(»eter 

Other instruaents such as boundary layer alcrophones were considered but they were 
eliainated because of complexity and Chat other instruments would provide the same 
data. Specific experimental objectives are summarized in Figure 116. Included on 
the figure is an indication of the particular instrumeutatxon devices which can be 
used. The entry vehicle will be air-recoverable so that post flight heat shield 
and vehicle examinations can be made. 

Location of Che various instrumentation devices on Che heat shield is shown in 
Figure 117 and were coordinated with Che packaging of equipment within the vehicle. 
Furthermore the quantity of each instrument was established to produce sufficient 
data to meet experiment needs. An attempt has been made to Locate the devices in 
such a way as to detect expected minima or maxima measurements in the radial 
direction. The entry vehicle wilj be spun up for stability etc. as well as the 
probe for outer entry. Expected radial distribution of pressure and radiative 
heating for a typical case is shown in Figure 118. 

The electrostatic or L.angmuir probe is a device from which the electron concen- 
tration flux at the wall may be determined. This device has been proven in flight 
to be a useful Cool in comparing measurements with theoretical analytical predic- 
tions. Typical electron concentration profiles for high speed earth entry are 
shown in Figure 119. Probe installation and associate equipment characteristics 
are described in Section 9.2. 

The radiometer is Che primary piece of equipment and measures total radiant 
energy and spectral values. Most flight radiometers are tailor laade for a parti- 
cular job and the studies performed for the entry vehicle is no exception. Design 
of a radiometer is aided by examining the spectral wall flux plots shown in Figures 
120 and 121. The spectral distribution of wall flux is compared for carbon injection, 
silica injection, and a clean atmosphere for an earth entry shock layer. Also shown 
in the figures (and in Figure 122) are the wavelengths selected for a multichannel 
radiometer in order to characterize the radiant flux. These wavelengths (12) were 
selected so that the same inscrument can be used for measurements with either a car- 
bon heat shield or a sil a heat shield. The temperature and injectant mass frac- 
tion profiles used in the computation of the spectra are shown in Figure 123. 
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<1.2 Recoimnended Measurements - A combined list of measurements identified 
for the entry vehicle is shown in Figure 124. There are nine (9) types of measure- 
ments that will require ninety-four (94) data channels in the telemetry system. 

The quantity of data channels shown in Figure 124 implies a sensor for eacli channel 
except for the radiometer which is a single device with twelve (12) output signals. 
(The alternate version requires three (3) channels.) Most of the sensors have a 
high level (HL) 0 to 5 volt output to the telemetry system. The temperature and 
strain measurements are a low level (LL) 0 to 40 millivolt signal. The data sampling 
rates, in samples per second (SPS), were chosen to be compatible with the expected 
rates of temperature rise and other dynamic phenomena encountered during the critical 
entry period. 


The two significant scientific measurements are the electrostatic probes and 
the radiometer. The electrostatic probes are similar to those successfully used 
on the MDAC-E designed RVT0-2A vehicle. These probes will measure peak electron 
density in the vehicle boundary layer. Four probes will be appropriately spaced 
in the heat shield so that axial variations in electron generation rates can be 


measured. (See Figure 125). 

ENTRY VEHICLE EXPERIMENT MEASUREMENT LIST 


Measurand 

Range 

Data 

Channels 


Qty 

Type 

SPS 

Acceleration-Long. 

0 to -500g 

1 

HL 

50 


+5 to -25g 

1 

HL 

100 

Acceleration-Vert . 

+6g 

1 

HL 

100 

Acceleration-Lat . 

+6g 

1 

HL 

100 

Electrostatic Probes 

10 ^ to 10 ^ a/cm^ 

4 

HL 

400 

Pressure-heat shield 

0 to 150 psia 

3 

HL 

50 

Pressure-aft body 

0 to 5 psia 

4 

HL 

10 

Pressure-internal 

0 to 15 psia 

1 

HL 

10 

Radiometer-spectral 

0 to 40 kW/cm*' 

12 

HL 

100 

Rate-Roll 

0 to 25 rad/sec 

1 

HL 

50 

Rate-Pitch & Yaw 

+8 r d/sec 

2 

HL 

100 

Structural deflection 

-.10 to +.10 in 

3 

HL 

50 

Structural strains 

+0.005 in/in 

8 

LL 

10 

Temperature-heat shield 

300 to 2400”K 

26 

LL 

25 

Temperature-aft body 

300 to 1200°K 

12 

LL 

10 

Temperature-internal 

250 to 500“K 

6 

LL 

10 

Voltages-misc 

30 V. max 

6 

HL 

10 


FIGURE 124 
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The radiometer will -measure spectral energy in the band from 0.100 to 10.00 
microns. Two design approaches were investigated. In one approach, energy 
is measured at twelve discrete wavelengths within the band and in the other, two 
detectors are used to monitor the output of spherical diffraction gratings. These 
detectors require rotating mirrors to scan the upper and lower portions of the 
spectrum. The probes and the radiometer are discussed in more detail in succeed- 
ing paragraphs. 

Other measurements on the vehicle include accelerometers and rate gyros to 
measure vehicle motion; temperature and pressure measurements in the heat shield 
to supplement the environmental data from the radiometer and electrostatic probes; 
and some structural strains and deflections to assess the environments impact on 
the vehicle. The total quantity of measurements is constrained by the space avail- 
able and this precluded the structural deflection measurements which require a 
relatively large stiff beam as a reference from which deflections can be measured. 

8.3 Electrostatic Probes - The probe consists of two flush mounted electrodes 
separated by a suitable dielectric (insulator) as illustrated in Figure 125. The 
probe connects to an electronics circuit as shown in Figure 126. A bias voltage 

is applied so that electrons in the boundary layer plasma are repelled from the 
negative electrode and attracted to the positive. At some specific bias, the 
number of electrons reaching the negative electrode approaches zero and the probe 
current levels off at a value defined as the ion saturation current. This satura- 
tion current can be directly related to the ion and electron densities in the bound- 
ary layer. By applying a sv/eeping bias voltage to the probe, the density level at 
which ion saturation occurs can be accurately determined. At a sampling rate of 
400 samples per second and a sweep time of 100 milliseconds, the forty data points 
obtained will be sufficient to establish the knee of the probe current curve. The 
repetitive probe bias waveform is shown in Figure 127. 

8.4 Radiometers - A major problem in radiometer design is the measurement of 
vacuum ultraviolet energy, particularly in the range below 0.25 microns. Traditional 
window materials such as fused quartz are opaque in this region. The only known 
material which will pass radiation down to 0.12 microns is lithium fluoride. How- 
ever, this material is thermally and mechanically inferior to quartz and therefore 
will require environmental protection. The evolved designs, shown in both Figures 
128 and 129, consists of an open port through the heat shield and the window located 
at the entrance to the radiometer. A small tank of helium provides helium flow past 
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ELECTROSTATIC PROBE 
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FIGURE 125 
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the window to cool the window and maintain a positive pressure that reduces the 
possibility of heat shield fragments obscuring the window by clogging the port. 

In the design shown in Figure 128^ the helium tank is external to the radiometer 
package. The second design. Figure 129, shows a helium tank and electrically 
operated shut-off valvr inside the package. 

8.4.1 Multichannel Radiometer - In the multichannel radiometer design of 
Figure 128, a 12.7 mm dia collimating lens is located 30 nm from the opening in the 
housing. This lens is used to collect energy in the band from .1 to .3 ym and 
project it in parallel rays on the lithium fluoride prism. The prism is a 60 deg 
prism with a slant height of 15.9 mm and a length of 19.0 mm. The diffracted rays 
then pass through the 19.0 mm dia focusing lens and the energy focuses on the four 
detectors, spaced so as to see the four desired wavelengths of .125, .133, .146 
and .210 Mm. Two folding mirrors are required to accommodate the focal length of 
225 mm. This focal length is dictated by the minimum spacing between detectors 
and the angular difference between two spectral lines. In this design, we have 
assumed that su. hie detectors can be mounted in a standard TO-5 transistor pack- 
age. Allowing a m. limum, 10 mm center-to-center , spacing between detectors, then 
the angular difference of 2.55 deg between the .133 and .146 um wavelengths estab- 
lishes the 225 mm focal length. 

Detection of energy at the eight wavelengths above .3 ym is accomplished by 
intercepting the incoming radiation with sapphire fiber optic "light pipes." 

These are connected to eight detectors grouped in a ring around the cylindrical 
housing. The detf-tors shown in Figure 128 are larger than those shown for the 
shorter wavelengths because they include an appropriate optical filter and one 
stage of amplification. Remaining amplification for these detectors and all 
amplification for the other four detectors is provided in the signal conditioner 
module. 

8.4.2 Spectral Scanning Radiometer - In the spectral scanning radiometer 
design of Figure 129, diffraction gratings are used instead of the prism and lens 
arrangement. The beam approaching the prisms is intercepted by a lithium fluoride 
beam splitter which diverts some of the energy to an unfiltered wide band detector. 
The grating on the left in Figure 129, is ruled to work in the range from .1 to 

.3 Mm. The ruling density will be 2400 lines per mm and the blaze angle about 8 
deg. The grating on the right works in the range from .3 to 10 Mm with a ruling 
density of 1200 lines per mm and a blaze angle of 18 deg. Diffracted energy from 
the prisms strikes rotating mirrors which, in turn, reflect energy onto the two 
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MULTICHANNEL RADIOMETER 



FIGURE 128 
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Jetecturs. Both motors operate at 600 rpm and the PCM samples each detector at 
80<) .. In the .1 to .3 uni band, the eight-sided mirror generates 80 spectral 

scans per second, giving data output at 10 discrete wavelengths updated 80 times 
per second. In the .3 to 10 u<n band, the four-sided mirror generates 40 spectral 
scans per second, giving data output at 20 discrete wavelengths, updated 40 times 
per second. 

Comparing the two designs, the multichannel radiometer has the advantage of 
simplicity, since there are no moving parts and the construction can be sufficiently 
rigid that the optical characteristics are not affected by the flight environment. 
The amplitude of Che signals seen by the detectors in the twelve channel design are 
time variant only, within the spectral bandwidth of the filters used; whereas in 
the spectral scanning design, the signal is both time and wavelength variant as a 
function of Che rotating mirrors which scan Che gratings. The use of many discrete 
ciiannels has the advantage of design simplicity but Che number of channels may be 
insufficient to adequately define the spectral energy distribution. The maximum 
number of channels is limited by space available in the vehicle for the radiometer 
package. Use of two scanned channels (one for UV frcnn 0.1 to 0.3 microns and one 
for visible and IR from 0.3 to 10 microns) provides better spectral coverage but 
Che need for motors to drive the mirrors makes Che radiometer design more ccmtplex. 
Calibration and subsequent da^a processing are also made more difficult since the 
mirror position must be measured and correlated with Che radiometer data to avoid 
spectral wavelength errors. The motor speed must be constant and unaffected by 
in-flight environmental conditions. A prism and lens was shown in one design and 
a diffraction gracing in the other. Actually, either diffraction device will 
work in either design. More detailed design, including cost estimates, will be 
required to determine the best choice. 

8.5 Detectors - Detectors recommended for the spectrometers are silicon 
photodiodes and pyroelectric devices. Both type devices are available commercially 
for operation in the visible and infrared wavelengths. Typical photodiodes have 
good response in the range from .3 to 1,1 v.m. Pyroelectric detectors work best in 
the infrared but are usable at shorter wavelenf^' s. By applying a thin gold film to 
silicon photodiodes, they are usable at vacciiii "..traviolet wavelengths, having a 
quantum efficiency of three (3) and a sensitivity (electrons per incident photo) of 
.2 to .35 over the soan from .125 to .210 pm. In the multichannel radiometer, gold 
coated photodiodes are recommended for the .125, .133, .146 and .210 pm detectors 
shown in the upper right portion of Figure 128. At the eight longer wavelengths, 
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pyroelectric detectors are recoomended. These are physically larger because the 
first stage of signal conditioning amplification is included in the housing and 
each detector has a filter window that passes energy at the specified wavelength. 
These filt'^rs are conmercially available and have a half-power bandwidth of from 
2.5 to 5% of the center wavelength. The detectors in the spectral scanning radio- 
meter are similar except that narrow band-pass filters are not used. Some develop- 
ment effort will be necessary at the short wavelengths to clearly define response 
characteristics. 
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9. ENTRY VEHICLE DESIGN 

After concluding that it was feasible to launch a high speed earth entry test 
of a probe-like vehicle, a system and vehicle design was accomplished. 

9.1 Entry Vehicle Subsystem Evaluations - As part of the integrated design 

of the entry vehicle, the components of the entry vehicle were grouped in five 
subsystems: aeroshell, telemetry and communications, electrical power, recovery 

and electromechanical interfaces. The facets of each system were evaluated and a 
balance achieved to arrive at a unified design that married required instrumenta- 
tion equipment and test objectives. 

9.1.1 Aeroshell - The geometry of the entry vehicle was selected to be a 
symmetrical blunted 60* half angle cone with a 22.2 cm nose radius and a base dia- 
meter of 89 cm with a hemispherical aft cover. The main structure is divided into 
two parts, a conical forebody and a hemispherical shaped afterbody. The forebody 
structure is the most important since it acts as a decelerator, protects the entry 
payload during ballistic entry, and provides continuous structure support for the 
main heat shield. The afterbody structure supports the afterbody heat shield and 
encloses the entry payload. Alternate structural arrangements were evaluated and 
the integrally stiffened ribbed structure used by outer probe des-gners was selected. 
This structure (Figure 130) permits attaching a variety of heat shield concepts. 

The structure consists of a honeycomb sandwich conical shell with a fiberglass outer 
face sheet and an integrally machined aluminum inner face sheet with four integral 
machined stiffening rings. Loads from the forward heat shield are carried by a 
honeycomb sandwich to the integrally stiffened structure. This design permits fly- 
ing either a carbon phenolic or a hyperpure silica heat shield. The aft cover made 
of light weight ablator is fastened to the structure near the maximum diameter 
point. It too is supported by a honeycomb sandwich, but a much thinner one because 
of the lower loads. The afterbody support structure consists of a raoikocoque honey- 
comb phenolic fiberglass sandwich shell. In order to deploy the recovery parachutes 
(see Section 8.2.4), provisions are made in the aft cover for an enclosed cutting 
charge. 

The details of laminant layup for the carbon phenolic heat shield and the 
casting of the hyperpure silica shield are under development by other investigators 
and hence was not evaluated in this study. It will suffice to say that these details 
will be well documented by the time entry flights are authorized. As described in 
Section 8, several penetrations through the heat shield are necessary: radiometer 

port, pressure ports, electrostatic probes and thermocouple stacks. In the case of 
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Che electrostatic probe and the thermocouple stacks, the machined holes are filled 
with the same material as the heat shield. The difference in the thermal expansion 
coefficients between the heat shield and the support structure as well as the 
accommodation of loads may require a Strain Isolation Pad (SIP), This may be 
particularly true for the silica heat shield. Technology developed for the low 
density silica heat shield material on Shuttle was evaluated and deemed appropriate. 
Figure 131 shows the attachment system for the heat shield, heat shield corner 
attachment and other design features. The heat shield is bonded to a NOMC^X SIP 
which in turn is bonded to the honeycomb structure. The SIP is a good insulator 
as well as being able to accommodate strains at temperature below the glass transi- 
tion temperature of adhesives. The SIP is made in eight pie sections to allow for 
ease of bonding, eliminate wrinkles and provides additional expansion joints. Also 
shown in the figure is the thermocouple stack installation. Thermocouples are 
formed by butt welding their leads and then installing in a plug such that the leads 
lie along isotherms before being routed down the sides of the plug. The entire 
assembly is then fitted into the heat shield and bonded to the SIP during the 
attachment of the heat shield. This technique has been successfully used in flight 
and in many ground tests. 

9.1.2 Telemetry and Communications - From the data channels defined in Figure 
132^ a PCM system was selected to provide an adequate quantity of data channels in 
a straightforward frame structure, at the correct sampling rates. These specifi- 
cations are also included in Figure 132. 

The use of 8 bit words provides a data resolution an order of magnitude better 
than av'erage data accuracy. The number of spare channels are included to accommo- 
date changes that can be expected in the design phase. The bit rate of 48 KBPS is 
sufficiently low to provide g>?od signal margins when used with a 5 watt transmitter, 
and the flight tape recorder can operate at a standard low speed of 18.4 cm per 
second. At this speed only 6 meters of tape is required in the recorder to provide 
thirtv (30) seconds of record time. One unique feature of the suggested bit rate 
is that by adding a switchable "divide-by-four" counter in the PCM timing system, 
the output bit rate can be reduced to 16 KBPS which is the standard bit rate for 
Shuttle communication with a separated payload. This makes it compatible with a 
post-separation checkout of all data channels sampled at one-fourth the normal 
rate. 
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UNIQUE FEATURES OF HEAT SHIELD DESIGN 




T-r 
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PAD (.317 cm THICK) 


\ 
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INSTALLATION 



NOTE: SIP IS MADE OF 8 PIE SECTIONS 

TO ALLOW FOR EASE OF BONDING, 
ELIMINATE RINKLES AND PROVIDE 
ADDITIONAL EXPANSION JOINTS. 



3. cm , .177 ‘ ‘ ‘ 
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FIGURE 131 
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TELEMETRY SYSTEM CHARACTERISTICS 


Signal 

Type 

Samp ' es 
Per Second 

Data C 
Avail. 

hannel 

Need 

Qty. 

Margin 

HL 

400 

4 

4 

0 

HL 

100 

20 

17 

3 

HL 

50 

16 

8 

8 

HL 

10 

20 

11 

9 

LL 

25 

24 

20 

4 

LL 

10 

40 

34 

6 



124 

94 

30 


Type: PCM 

Bit Kate; 48 KBPS 

Word Length: 8 bits 

Main Frame: 60 words at 100 sps 


FIGURE 132 
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A block diagram of the complete Instrumentation and Communication system is 
shown In Figure 133, Tlie PCM system is a single package containing 64 dual input 
low level channels and 60 single-ended high level channels. The digital output 
signal is applied to the S-band transmitter and the loop tape recorder. At the 
end of the blackout period, the record head is disabled and the transmitter switclitd 
to the tape recorder. The remaining flight time will be devoted to repetitive 
playbacks of the data recorded during the blackout period. The signal conditioner 
package provides resistors to complete the strain gage bridge circuits and to pro- 
vide bridge balance and sensitivity adjustments. Voltages measured in the vehicle 
are attenuated by the signal conditioner so as to be compatible with the PCM high 
level inputs. The vehicle is also equipped with a beacon transponder to aid in 
radar tracking. 

9.1.3 Electrical Power Requirements - The equipment requiring electrical power 
is listed in Figure 134. The maximum instantaneous power required at any time is 
less than 200 watts and the total watt-hours required for the mission is 25.59. 

To meet this requirement, we recommend an auto-activated silver zinc battery with a 
40 watt-iiour rating. Batteries of this type are being used in current space vehicles; 
thus development costs would be only those associated witli packaging the correct 
quantity of cells to fit the space available in the entry probe, and to meet the 
power requirement. Qualification testing will be required to assure that the bat- 
tery package can withstand tiie anticipated 700g entry environment. An advantage 
of the auto-activated battery is that ground support equipment (battery charger and 
load bank) is not required. The recommended battery is estimated to weigh 2.3 kg 

3 

and have a volume of 1150 cm . The useful wet life is 10 to 24 hours. 

Since the battery’s useful life is limited after activation, we recommend that 
the entrv vehicle operate from Shuttle power prior to deployment and for the booster 
where possible. This will permit delays in deployment so that, if the intended 
orbit is not favorable, a later one can be selected. Battery activation and a final 
checkout can then be delayed until a launch commitment is firm. 

During pre-denloyraent checkout the transmitters will not be powered, consequently, 
the power required from Shuttle is only 85 watts which will have minor impact on 
Shuttle capability. A normal checkout will require about 3 minutes and the heat 
generated can be dissipated by heat sink, radiation and conduction; active cooling 
is not required. The Shuttle’s capability to support payloads and the Shuttle- 
payload interfaces are discussed further in Volume IV, Sections 11 and 12. 
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POWER REQUIREMENTS 
(EARTH ENTRY VEHICLE) 




ENERGY PER 

MISSION PHASE (WATT-MIN) 


EQUIPMENT 

POWER 

(WATTS) 


1-6 HR 

ENTRY 
(30 SEC) 

PRE-RCVY 
(180 SEC) 

RECOVERY 
(25 MIN) 

TOTAL 

WATT-MIN 

PCM Telemetry 

10 

30.0 


5.0 

30.0 


65.0 

Tape Recorder 
Record 
Playback 

20 

20 

60.0 


10.0 

60.0 


70.0 

60.0 

Transmitter (1) 

27 



13.5 

81.0 


94.5 

Beacon 

45 



22.5 

135.0 


157.5 

Recovery Transmitter 
Inst, DC /DC Converter 

22 

7 

21.0 

O 

u 

3.5 

21.0 

550 

550.0 

24.5 

Control & Sequencing 

5-25 

30.0 

Q) 

04 

■U 

12.5 

75.0 

125 

242.5 

G- Switch 

,2 

.6 

tu 

6 

V4 

.10 

.6 


1.3 

Press. Transducer (7) 

2.1 

6.3 

0 

Q 

1.1 

6.3 


13.7 

Accelerometer (4) 

1.2 

3.6 


.6 

3.6 


7.8 

Rate Gyro (3) 

25 

75.0 


12.5 

75.0 


162.5 

Radiometer 

10 

30.0 


5,0 

30.0 


65.0 

Totals 

194.5 

256.5 


86.3 j 

517.5 

675 

1535.3 
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9.1.4 Recovery - In order to verify the analytical predictions of the heat 
shield it is preferable to correlate transmitted surface recession data with the 
final recession. It is very desirable to examine surface erosion and/or run off 
patterns on the heat shield after entry. Taking core samples from the heat shield 
is necessary in macroscopic studies of surface recession and heat shield charring. 

It is also desirable to recalibrate instruments after the flight to determine their 
flight qualification for an outer planet mission. 

To meet these needs various recovery schemes were considered and an air recover- 
able system was selected. It circumvents the need for floatation and dye marker sub- 
systems. More important the heat shield and other systems will not be contaminated 
by immersion in ocean salt water. An air recovery also means that the structure 
and many other subsystems could be used on subsequent entry flight experiments, 
thereby reducing cost. Figure 135 shows the recovery sequence. 

The recovery system permits air retrieval of the vehicle with a C-130 air- 
plane or CH53 helicopter. The system consists of a main parachute, drogue chute 
and mortan and a g-switch. The top portion of the afterbody structure is released 
after entry heating has subsided. The mortar deploys the drogue chute between 21.3 
and 18 km. At approximately 15.2 km the drogue chute is released from the vehicle 
thereby pulling the main chute out. The main chute is sized to provide a descent 
rate of 7.6 meter per second at 3 km ft. This system allows approximately 25 min- 
utes for the recovery aircraft to spot the vehicle on the chute and retrieve 


it. 


9.1.5 Interfaces - The entry vehicle must be secured to its 
booster such that the electrical connection and mechanical attachment do not compro- 
mise the heat protection, telemetry and experiment complement. Also the loads must 
be beamed through the attachments. A design very similar to that used on the Delta 
launch vehicle evolved. Figure 136 shows the design details. The entry vehicle is 
secured to the final stage with a Ball Lock Separation Bolt at three places. Once 
the charges in the bolts are fired, cutting the bolts, the compression springs 
cause the entry vehicle to move away from the support fittings. Note that only 
three small cut-cuts in the entry vehicle aft cover are required. The cutouts are 
closed off to prevent boundary layer gases from flowing through the entry vehicle. 
Just prior to separation, the umbilical is cut severing electrical and telemetry 
lines with the final stage. The final stage and entry vehicle are spun up by the 
spin table shown in the figure. 
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Several interfaces with Shuttle were analyzed to determine if there are potential 
problems. The Shuttle Caution and Warning system can be used to indicrt ^he 
health of entry vehicle prior to deployment. The nayload data interleav can be 
used as the back-up. The entry vehicle telemetry and power loads are connected 
through the auxiliary stage to the booster and finally to the Shuttle. 

Electrical power interfaces are provided at two locations within the Shuttle 
payload bay as shown in Figure 137, Two panels are located on the aft bulkhead and 
provide the average and peak power indicated from the Shuttle bus B and C. Near the 
front of the payload bay, two more panels exist. One provides power from a payload 
dedicated fuel cell and the othec from the Shuttle main bus. If all four panels 
were to be used an average power level of 15 kw could be maintained. Power will be 
required for the booster and the minimal power requirement of the entry vehicle 
(85 watts) can easily be met by the electrical interfaces. 

Figure 138 describes the structural interfaces in the Shuttle f'/load bay. The 
retention points are provided for attaching pallets ->r payload cargo .o the nayload 
bay load support points. There are 12 along th*- bottom centerline beam and 13 on 
each longeron for a total of 36 actachment points. The stations are indicated in 
the figure. The entry vehicle/auxiliary stage are secured to the booster which in 
turn will be attached to the Shuttle payload retention points via pallet o>" universal 
structure. This additional structure will be developed as part of the lUS and there- 
fore available. 

The coolant intci face is shown in Figure 139 and consists of a . sed liquid 
coolant piping system with a payload heac exchanger. A liquid coola. : heat exchanger 
is required for some payload because the bay has no atmosphere and radi<*tion cool- 
ing of the payloads is not adequate. The entry vehicle has minimal pre-deployment 
heat dissipation requirements and consequently will not be connected to this inter- 
face. 

Another interface of importance is the environmental interface within the pay- 
load bay. During Shuttle launch, acoustic levels greater tnan 135 db are experi- 
enced in the Shuttle payload bay. Therefore, the entry vehicle will need to be 
qualified accordingly and possibly a shroud will be needed over the heat shield 
ports. 

In general, the entry vehicle does not impose severe requireme;its on Shuttle, 
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5IUTTLE STRUCTURAL INTERFACES 



FIGURE 133 
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SHUTTLE PAYLOAD HEAT EXCHANGER INTERFACE 
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9.2 general Arrangement - A significant design, system evaluation and compo- 
nent arranging was performed to arrive at a complete entry vehicle and upper stage 
design. The information containeu herein is of sufficient detail that the next 
step is to prepare engineering drawings. 

9.2.1 Entry Vehicle D esign ~ baseline vehicle consists of a 60* half 
angle conic forebody approximately 89 cm in diameter with a hemispherical after- 
body. The forebody is made up of a carbon phenolic (1.13 inches thick) or a hyper- 
pure silica heat shield supported by a honeycomb sandwich conical shell with a 
fiberglass outer face sheet and a machined aluminum inner face sheet with four 
integral machined stiffening rings. The afterbody structure consists of a monocoque 
honeycomb phenolic fiberglass sandwich shell covered with an ablator honeycomb 
filled with a silicone ablation material (S-10). A honeyco. *- shelf provides a 
mounting surface for the recovery system. 

Figure 140 is an inboard profile of the entry vehicle shewing the onboard 
experiment equipment and supporting subsystem equipment to accomplish the mission. 

Tiie equipment shown is cff-the-shelf equipment where possible, however, some, such 
as the radiometer, the sequences and the pyro relays are designed and packaged 
specifically for this mission. 

Stability criteria indicate that the center of gravity should be forward of the 
honeycomb shelf. The equipment modules have been positioned with this in mind 
and the need lor a symmetrical mass distribution during spin up. Also instrumentatio 
leads have been minimized to reduce noise and increased reliability. As can be 
seen by examining the figure, a compact design was achieved. Equipment mod lies are 
s .cured to the structural rings. The three attach points for the final booster 
stage are positioned next to a pair of antennas, one a beacon and the other for 
telemetry. Using antennas spaced at 120 degrees gives good coverage. Also an 
access door is provided in “he aft cover. The confined explosive device fer 
separating the top of the aft cover is shown along with the details of the drogue 
and main parachute attachment. "g‘'-switch is used to initiate the recovery 
sequence. The mass of each compone.it and the mass properties of the entry vehicle 
are analy :ea in a later section. Balance and ballast masses ean oe added by replac- 
ing selected areas of the honeycomb (behind the forebody heat shield) with heavy 
metal inserts. 

Strain Isolation Pad (SIP) attacument system secures that forebody ablator to 
the iioneycorab support structure. The SIP does what its name implies and because 
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it is made of a fibrous material 't vi’! accommodate strains even at cryogenic 
temperatures. The detai_s of . le installation, heat shield corner attachment 
and thermocouple stack configuration have been described previously. 

Also shown on the figure is the scenario of when the various pieces of equip- 
ment function during the mission and the function of each piece of equipment. 

9.2.2 Launch Configuration - The entry vehicle, upper stage and main booster 
takes up less than 3/8 of the 18.25 meter Shuttle cargo bay and 43% of its payload 
capability. A typical launch configuration as shown in Figure 141 weighs 13516 kg 
and would most likely be positioned more forward in the cargo bay depending on the 
requirements of other cargo. The upper stage houses a TE-364 solid rocket, contains 
wire bundles and associated gear, supports the entry vehicle, has a spin table and 
makes the necessary structural ties to a 3.048 meters diameter adapter ring. This 
universal adapter ring makes the upper stage compatible with the all boosters con- 
sidered. The wire bundle-umbilical assembly passes power and telemetry between the 
entry vehicle and the main booster. The main booster contains all the guidance and 
control equipment and telemetry equipment necessary to fly the mission and fire 
the upper stage. This design is very similar to that used on the Delta launch 
vehicle. 

9.3 Entry Vehicle Mass Properties - A detailed mass properties evaluation was 
conducted .'or the entry test vehicle configuration described in Figure 140. Two 
interrelated asoects were of primary interest: (1) the amount of ballast needed to 

provide a proper entry center of gravity (c.g.) location, (2) Che increase in 
ballistic coefficient (c) attainable by increasing only vehicle mass, and (3) detailed 
mass property analysis. 

9.3.1 Ballast Optio ns - The concern for c.g. location arises from the require- 
ment for a positive static stability margin. Hence the longitudinal c.g. location 
must be prevented from being appreciably aft of the theoretical cone/hemisphere 
intersection plane. The location of this aerodynamic reference plane is shown in 
Figure 142. However, equipment arrangement, particularly the necessarily aft loca- 
tion of the recovery parachute system. Indicated the probable need to for ballast 
in the forward, conical section. Further a significant amount of ballast was 
anticipated because of the blunt body shape which offers a relatively short ballast 
moment arm. 

Ordinarily, a large ballast mass would be detrimental because it reduces the 
uV available from a given booster. However, the corresponding increase in 
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ENTRY VEHICLE/UPPER STAGE CONFIGURATION 



LAUNCH WEIGHT 
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UPPER STAGE 1121 kg (2472 LB) 


TRANSTAGE * 12235 kg ( 26978 LB) 

TOTAL 13516 kg (29803 LB) 

* (SIWILAR TO SOLID lUS - 2 SRM AT 12975 kg ) 


FIGURE 141 
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ballistic coefficient is a mitigating factor unique to this high radiative flux 
simulation mission. As noted previously, increasing 6 decreases the entry velo- 
city and hence the booster AV required to simulate a given level of radiative flux. 

If B is increased only by mass addition (C^A = constant) the net booster effect is 
still advantageous. The reduction in booster AV required is greater than the re- 
duction in booster AV capability. 

Entry vehicle mass properties were determined using computer codes developed 
for the outer planet probe. The effect of ballast mass on total vehicle mass, 
ballistic coefficient and center of gravity locations was determi.sed. Representa- 
tive results are tabulated in Figure 143 and are graphically illustrated in Figure 
144. Ballast was assumed to be in the form of steel plate segments that replace 
the honeycomb core of the forward heat shield structure (ref Figure 143). As 
expected the "no ballast" case resulted in a c.g. location aft of the aerodynamic 
reference plan. However, it was only displaced by .98 cm (2.7% of reference dimen- 
sion) relative to the reference plane which was not as far aft as anticipated. 

While this is marginally acceptable, a c.g. location at or forward of the aerody- 
namic reference plane was considered necessary at this preliminary design stage 
to insure an adequate stability margin in the final configuration. Hence a minimum 
ballast case was investigated in which just enough aluminum honeycomb core was 
replaced with steel plate to move the c.g. forward to the aerodynamic reference 
plane. This 21.9 kg of ballast increased total vehicle mass from about 109 kg to 
131 kg and 6 from approximately 114 kg/m to 136 kg/ra . Although this provided a 
satisfactory c.g. location it did not represent a maximum ballistic coefficient 
configuration. A maximum ballast case was therefore evaluated in which all of the 
aluminum honeycomb core was replaced with steel plate The ’'esulting 108 kg of 
ballast increased vehicle mass to 215 kg and p to 224 kg/mr, while moving the c.g. 

forward of the reference plane by 1.2% of reference dimension. Since this is 

2 

substantially higher than the 120 kg/m value assumed for the earth entry environ- 
ment analysis, a net reduction in required booster performance is possibl-*. Further, 
the maximum ballast case offers a unique vehicle design opportunity. A simple, 
steel structural shell can be used rather than the more sophisticated honeyco:;'.b 
structure. This would provide a less exp..nsive structural design that also mini- 
mizes booster performance requirements and insures a proper c.g. location. 
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9.3.2 Detailed Mass Property Analysis - The mass properties of both the maxi- 
mum ballast and the minimum ballast mass configuration were analyzed in detail. 
Component mass/location and structural mass/location were employed to determine 
overall mass, center of gravity, moment of inertia and associated derivatives. 

The entry test vehicle is spin-stabilized during the preentry coast period 
following booster separation and must be aerodynamically stable during entry and 
terminal descent. This imposes constraints on the vehicle mass properties which 
cause the three axis center of gravity (c.g.), the ratio of roll to pitch or yaw 
inertia and the roll-yaw and roll-pitch products of inertia to be critical. 

Much of the engineering equipment is off the shelf and not tailored to pro- 
vide a forward c.g. location and the recovery system is located in the aft compart- 
ment for convenience and minimum coat. The aft c.g. resulting from these design 
considerations is offset by adding ballast in the form of steel plates in place 
of the honeycomb core of the forward heat shield backup structure. In addition 
to the longitudinal ballast a small amount of lateral ballast is added to drive 
the roll coupled cross products of inertia and the c.g. ecentricities about the 
roll axis to zero. This ballast can be eliminated in the final design by relocat- 
ing part of the equipment; however, an allowance is needed for final corrections 
during actual measurement of the flight vehicle. 

The reference axes diagram is presented in Figure 145. The earth entry 
vehicle mass properties for the maximum and minimum mass are presented in Figures 
146 through 1^8 and Figures 1^9 through 151 respectively. Figures 146 and 149 
summarise the mass perperties of each vehicle while Figures 147 and 150 provide 
the mission profiles. Figures 148 and 151 present the detail mass, c.g. and radius 
of gyration data used to compute the vehicle mass properties. In these detail 
listings the subtotals Cand thus the group names) follow the items listed. Note 
that at all points in the mission profiles of both vehicles the roll inertia is 
at least 1.3 times the larger of che pitch or yaw inertia thus providing a comfort- 
able margin above the 1.1 ratio required for dynamic stability during the coast 
phase of the mission. 
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EARTH ENTRY VEHICLE - REFERENCE AXES DIAGRAM 


+Y 




FIGURE 145 
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MASS PROPERTIES SUMMARY 
EARTH ENTRY VEHICLE - MAXIMUM MASS 
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SEQUENCED HASS PROPERTIES SUMMARY 
EARTH ENTRY VEHICLE - MAXIMUM MASS 
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22.20 

0.00 

0.00 

16.97 

12.07 

12.07 

-19 ANGLE 

•68.22 

27.63 

0.00 

0.00 

38.60 

27.15 

27.15 

-33 ANGLE 

18.16 

27.63 

0.00 

38.60 

1.32 

1.02 

1.52 

P«U SIR FWO 








M= 6753.99 


20 

.20 V« 


0.00 

2* 


HC PNL 

3179.68 

29.82 

-.38 

0.00 

• 

2 7.69 

19.56 

19.56 

FRI STR A=T 








U= 3179.68 

x= 

29 

.82 r* 


-.38 

2* 


RNJM 

653.17 

27.63 

0.00 

0. 00 

3 8.10 

27.96 

27.96 

-65 ANGLE 

13.61 

29.87 

0.00 

61.28 

1.52 

.51 

1.52 

-31 ANGLES 

36.29 

26.89 

17.53 

3.30 

28.02 

25.68 

11.18 
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REPORT MIC B«5 
aFEBRUARTlSK 


- 6M CM 


.10 


0.00 
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MCOOMWf «.t. OOUGL/kS ASTmOMMUTICS COM PMWV . mMBT 



VOL II 


PLANETARY ENTRY ELICIT EXPERIMENTS 


REPORT HK: E1«S 
2S FEBRUARY 1S( 


I 

EARTH ENTRY VEHICLE - MAXIMUM MASS 

UNITS ~ CN CN 


IT5N 

NT 

k 

V 

1 

KX 

XY 

K7 

-2<» CLII* 121 

la.iA 

26.57 

10.62 

-36.75 

8.26 

2.03 

7.62 

-27 O-XISLER 

117.43 

38.10 

23.36 

-28.83 

5. 08 

5.08 

5.08 

-25 *MGLE 

13.61 

23.37 

25.60 

5.54 

1.02 

1.52 

1.52 

-23 SHIN C3I 

4.07 

20.62 

0.00 

0.00 

16.00 

11.30 

11.30 

-21 *N&Lc 

667.20 

24.87 

0.00 

0.00 

61.28 

24.18 

24.18 

-15 SPACERS 

6.56 

28.46 

0.00 

0.00 

16.51 

11.68 

11.68 

-13 tNGlcS 

36.24 

26.57 

0.00 

0.00 

36.32 

25.68 

25.68 

-ll *NG15S 

65.36 

26.57 

.05 

-.23 

36.32 

25.68 

25.68 

INT STC PTG 

658.45 

38.74 

31.26 

18.03 

6.62 

5.26 

5.26 

l'4T STC FTC 

648.45 

38.74 

-31.26 

18.03 

6.62 

5.26 

5.26 

nr STC =Tc 

643.45 

38.74 

0.00 

-36.07 

6.62 

5.26 

5.26 

Fvr> 

106.33 

22.20 

-30.78 

-4.60 

2.56 

2.56 

2.56 

tNiTl-INT=*C 

4.07 

38.63 

32.11 

18.56 

.51 

.36 

.36 

I NS TL -INT' *C 

4.07 

38.63 

-32.11 

18.56 

.51 

« 

.36 

.36 

INSTl-INTFAC 

4.07 

38.63 

0.00 

-37.08 

.51 

.36 

.36 

atlLAST 

2367.75 

17.15 

12.62 

11.33 

.36 

.36 

.36 

fjALlAST 

1165.73 

28.73 

36.62 

-13.82 

.36 

.36 

.36 

SEC STRUCT 








R* o577.09 

K*- 

26 

.83 Y« 


10. 75 

7- 



5TSUCTURE 






NS 16510.76 

Xa 

26.64 

Y« 

6.21 

Z« 
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/MCOOW/Vf i.1. OOL/CLAS ASTUVOlWAC/T-fCS COAtnAW*' • CAST 



VOL II 


PLANETARY ENTRY FLIGHT EXPERIMENTS 


REP(WT»CQ«S 

29FEBRMRVlSi 



EARTH ENTRY VEHICLE - MAXIMUM MASS 


UNITS - CN CN 


IT?H 

MT 

X 

Y 

1 

KX 

KY 

Kt 

CCNE-4BL 

5633.62 

13.82 

0.00 

0.00 

30.63 

22.07 

22.07 

Nr4P-»BC 

367.61 

1.75 

0.00 

0.00 

7.77 

5.69 

5.69 

CHU LUR ABL 

1633.35 

21.72 

0.00 

0.00 

63.66 

30.73 

30.73 

CNS UPR A0L 

879.97 

27.33 

0.00 

0.00 

63.87 

31.01 

31.01 

C(N£-RcT 

5633.62 

16.96 

0.00 

0.00 

30.63 

22.07 

22.07 

BCAP-BrT 

369.27 

2.36 

0.00 

0.00 

7.59 

5.36 

5.36 

G5VO Cu4c SVIA533.10 

15.69 

0.00 

0.00 

30.63 

22.07 

22.07 

GAvr> fiCAP S 

868.22 

3.60 

0.00 

0.00 

7.16 

5.05 

5.05 

CHV3 flCAP Cl 

6.56 

3.56 

0.00 

0.00 

1.60 

1.60 

1.60 

UCAP 3C 

18.16 

6.32 

0.00 

0.00 

6.55 

6.62 

6.62 

C'lTP UMR RET 

1126.91 

21.67 

0.00 

0.00 

62.80 

30.25 

30.25 

era UPR TET 

760.18 

27.10 

0.00 

0.00 

63.63 

30.71 

30.71 

CNR UPR BACK 

1873.36 

27.96 

0.00 

0.00 

62.88 

30.33 

30.33 

r-l» PIL BACK 

158.76 

23.66 

0.00 

0. 00 

62.26 

• 

29.87 

29.87 

CNR TRI BACK 

603.70 

26.18 

0.00 

0.00 

62.62 

39.15 

30.15 

Cf<R Ria BACK 

260.60 

23.19 

0.00 

0.00 

61.61 

29.61 

29.61 

CNR GRV F=LT 

762.06 

23.19 

0.00 

0.00 

61.61 

29.61 

29.61 

HC Cn»E CCNlOSSAB.M 

17.88 

0.00 

0.00 

30.15 

26.62 

26.62 

HC Cf’PE ■•'CAP 

2160.96 

5.86 

0.00 

0.00 

7.21 

5.11 

5.11 

PG SKIN CONE 

1666.96 

16.81 

0.00 

0.00 

30.61 

26.70 

26.70 

FG SKIN NCAP 

72.57 

6.39 

0.00 

0. 00 

7.39 

5.23 

5.23 

nplug FTG 

108.86 

3.96 

0.00 

0.00 

6.06 

2.87 

2.87 
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MCOOMMEL.L. DOUGt-AS ASTI90NAVTICS COIMPM^V • BAmT 



VOL II PLAMETAWr EMTRY FLIGHT EXPERMEMTS 


REPIWTBCQ415 
29 FEBfaMRY 19C 


1 

EARTH ENTRY VEHICLE - MAXIMUM MASS 

UNITS - CN CN 


ms 

HT 

X 

Y 

1 

RX 

KV 

K7 

ADH CINE HE 

312.98 

16.79 

0.00 

0.00 

30.61 

26.70 

26.70 

CONE =M 

312.93 

16.89 

0.00 

0.00 

30.61 

26.70 

26.70 

ATH cone H* 

299.37 

18.85 

0.00 

0.00 

29.69 

26.19 

26.19 

A.^M NC*E me 

ia.19 

9.32 

0.00 

0.00 

7.99 

5.26 

5.26 

*?M NC*P EH 

13.61 

9.97 

0.00 

0. 00 

7.92 

5.23 

5.23 

A -HI KAP hA 

9.07 

6.55 

0.00 

0.00 

6.78 

9.80 

9.80 

a-ih nplg etc 

6.S6 

9.62 

0.00 

o.ao 

9.78 

3.38 

3.38 

hT SHLO 








tar l%56i0.37 

x= 

17. 

36 Y« 


0.00 

7 = 


1%5EETS INCR 

95.29 

92.75 

0.00 

0.00 

35.97 

25.93 

25.93 

I'lSEBTS INCH 

56.93 

90.03 

25.25 

-31.72 

10.16 

7.62 

7.62 

I ^r-E^IS INC« 

131.99 

31.85 

0.00 

0.00 

91.81 

29.57 

29.57 

ASL ATOR 

2072.92 

9H.30 

0.00 

0.00 

35.23 

27.89 

• 

O) 

HC Cr>3 = 

299.37 

96.t>6 

0.00 

0.00 

39.59 

27.36 

27.36 

ssiN2»?H .;tr 

1367.99 

96.91 

0.00 

0.00 

39.77 

27.53 

27.53 

S<UNC»:iH INT 

925.33 

96.38 

0.00 

o.co 

39.32 

27.18 

27.18 

J»!STl »et ms 

58.97 

31.09 

0.00 

0. 00 

92.16 

29.82 

29.82 

iNSrt APT HS 

22.68 

39.57 

29.10 

-30.30 

38.66 

27.38 

27.38 

INSTL apt ms 

95.36 

92.82 

0.00 

0.00 

35.97 

25.93 

25.93 

AFT HT SHLT 








U« 9093. BA 

X» 

95. 

76 Y» 


.38 

2« 
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AfCOOMMELC. OOUOL/tS ASYWOWAUTVCS COMfAMV > EA 


IT 



VOL II PLANETARY ENTRY FLIGHT EXPERINENTS 


REPORT nc BUS 
2S FEBRUARY 1»| 


-Tii 

EARTH ENTRY VEHICLE - NAXIMUN MASS 

UNITS - CN CM 


ITfN 

tiT 

X 

V 

2 

XX 

KV 

Kl 01 

M£4T SHIELOS 








15072A.21 

X = 

18 

.32 Y» 


.01 


-.02 

PC»XMT^ 

6 a 0.39 

23.60 

12.65 

-15.75 

3.81 

3.81 

3.81 

TAPI secnso 

«07.18 

17.53 

-8.38 

6.86 

3.81 

3.81 

3.81 

S-44HT KMTR 

1270.36 

26.00 

-17.27 

16.51 

5.33 

3.81 

3.81 

C-dAND *P3R 

1270.06 

23.29 

7.11 

19.30 

3.30 

3.30 

3.30 

SIG Cf^ND 

9C7.14 

21.69 

-2.03 

- 21.86 

6.57 

3.30 

5.59 

Pu“ SUP 

226.80 

21.18 

-16.68 

-17.02 

1.52 

1.52 

1.52 

s-p»f:n PMR a 

90.72 

21.18 

-16.68 

-17.02 

1.52 

1.52 

1.52 

C-P4'jn PMR 0 

90,72 

21.18 

-16.68 

-17.02 

1.52 

1.52 

1.52 

S-PaNO *nt 

226. dO 

36.58 

-7.11 

-60.13 

.51 

.51 

.51 

S-PANO ANT 

226.80 

36.58 

38.10 

» 3.97 

.51 

0 

.51 

.51 

S-3A'« ANT 

226. dO 

36.58 

-30.99 

2b. 16 

.51 

.51 

.51 

'-flASn ANT 

90-72 

61.66 

-7.62 

-36.83 

.51 

.51 

.51 

C-PA^4a ANT 

90.72 

61.66 

35.56 

12.19 

.51 

.51 

.51 

C-BA'iO ANT 

90.72 

61.66 

-27.96 

26.66 

.51 

.51 

.51 

EdUIPNENT 








H* 6395.65 

X* 

26 

.68 V * 


-3.09 

t* 

2.22 


•iBiS 


0 ^ 
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IMCOOMmmLI. DOUGLAS A9TDOMAUTICS COAfi 



VOLII 


PLANETARY ENTRY FLIGHT EXPERIMENTS 


REPORT HOC E141S 
2S FEBRUARY 1976 


4 


EARTH ENTRY VEHICLE - MAXIMUM MASS 

UNITS - &M CM 


ITEM 

HT 

X ¥ 

1 

KX 

XY 

KZ 

MTG COMM 

616. U9 

21.95 -3.10 

2.26 

26. 38 

20.32 

16.26 

Ut^MNC COMM 

AS3.59 

26.49 -3.10 

2.26 

26.38 

20.32 

16.26 

INSTAUATICN 

H- lOTO.AS 

*« 

23.02 V« 


-3.10 

2« 

2.26 


ccmminicat 

7666.13 

X= 

26 

.27 Y» 


-3.10 

Z= 

2.^3 

AAOIOMETER 

1226.70 

12.65 

0.00 

0.00 

6.57 

5.86 

5.86 

ACCEUf ROMET 

562. 65 

25.15 

0.00 

0.00 

3.05 

3.05 

3.05 

RAT= GV«0 

362.87 

21.36 

16.76 

10.92 

3.05 

1.52 

3.05 

9ATc &Y»0 

362.87 

21.36 

-.36 

19.56 

3.05 

3.05 

1.52 

KATE GYH'3 

362.87 

16.00 

1.02 

9.60 

1.52 

3.05 

3.05 

PR=S XOCR 

158.76 

26.89 

1.27 

30.99 

.51 

•51 

.51 

PPES XOCR 

158 . Tb 

26.89 

-11.18 

28.96 

.51 

.51 

.51 

PRfS XOCR 

158.76 

26.89 

-29.66 

9.65 

.51 

.51 

.51 

PRES XOCR 

158.76 

26.89 

-30.99 

-1.27 

.51 

.51 

.51 

PRES XOCR 

158.76 

26.89 

-1.27 

-30.99 

.51 

.51 

.51 

PRES XDCR 

158.76 

26.89 

9.65 

-28.96 

.51 

.51 

.51 
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mcooMwec.t. ooc/o<.>as Anrwtom/kuTics • mj^mr 



VOL II PLANETARY ENTRY FLIGHT EXPERMENTS 


REPORT me E1415 
2S FEmUARY 1178 



EARTH ENTRY VEHICLE - MAXIMUM MASS 


UNITS - GM CM 


|T?M 

MT 

X 

Y 

1 

KX 

KY 

KZ 

p^ES xoca 

158.76 

44.45 

9.40 

33.02 

.51 

.51 

.51 

P^ES XOCR 

158.76 

44.45 

-9.40 

-33.02 

.51 

.51 

.51 

STRAIN GAGES 

362.87 

22.10 

0.00 

0.00 

20.32 

20.32 

20.32 

THERMOS PLS 

1315.42 

22.10 

0.00 

0.00 

20.32 

20.32 

20.32 

cLECTHOSTST 

249.48 

24.49 

24.89 

1 j. 80 

2.79 

1.27 

2.79 

ECECTeOSTAT 

249.48 

24.49 

30.99 

2.79 

2.79 

1.27 

2.79 

ELECTPOSTAT 

249.48 

24.49 

30.48 

-8.13 

2.79 

1.27 

2.79 

ELECTROSTAT 

249.48 

24.49 

25.65 

-18.29 

2.79 

1.27 

2.79 

equipment 








6322.03 

x= 

21 

.99 Y= 


3.58 

/* 

2.14 

MTG INSTR 

612.35 

19.46 

4.14 

1.60 

21.59 

18.03 

18.54 

MIRING INSTR 

453.59 

22.00 

4.14 

1.60 

21.59 

# 

18.03 

18.54 

installation 








W= 1065.94 

X* 

20 

.54 Y= 


4.14 

Z- 

1.60 

INSTRUMENT AT 








H« 7887.97 

X* 

21 

.79 Y» 


3.66 

Z« 

2.07 
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MCOOMIklBLL OOtJGLAS ASmOMAUTICS COMfAMV • BA»T 



VOL II PLANETARY ENTRY FLIGHT EXPERIMENTS 


REPORT HOC Eim 
29 FEBRUARY 1976 



EARTH ENTRY VEHICLE - MAXIMUM MASS 

UNITS - GN CM 


ITEM 

MT 

X 

Y 

1 

KX 

KY 

K7 

BATTERY 

2267.96 

22.56 

0.00 

13.46 

4.57 

4.57 

4.06 

PYRO BATTERY 

453.59 

15.24 

7.62 

10.16 

1.52 

1.52 

1.52 

PYRO BATTERY 

453.59 

15.24 

7.62 

-10.16 

1.52 

1.52 

1.52 

PYRP RELAY 

1360.78 

15,24 

2.03 

-12.95 

1.52 

2.79 

2.54 

PYRO RELAY 

1360.78 

15.24 

-2.79 

-12.70 

1.52 

2.79 

2.54 

SEOUENCSR 

2267.96 

15.24 

-9.65 

-8.64 

1.52 

3.05 

3.05 

G-SpITCM 

226.80 

21.18 

-19.56 

-10.41 

1.52 

1.52 

1.52 

equipment 








tt 39 1.46 

XX 

17 

.38 V= 


-2.44 

7= 


UMBIL W CCT 

127.01 

50.80 

15.49 

10.92 

10.16 

10.16 

10.16 

UMBIL C CCT 

36.29 

71.12 

0.00 

0.00 

.51 

.51 

.51 

PT& PKR 

349.27 

14.63 

-2.44 

.99 

13.46 

12.45 

7.62 

MIBINO PHR 

544.31 

17.37 

-2.44 

.99 

13.46 

12.45 

7.62 

INSTALLATION 








W= 10R6.67 

X« 

22 

.40 V- 


-.20 

7* 



ELECT PnR 






Hx 9443.33 

X« 

17.94 

Yx 

-2.19 

7« 
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MCDOmMmt-L. DOUGLAS ASTDOMAUTICS COHUfAMY 



VOL II PUNETARY ENTRY FLIGHT EXPERIIIEMTS 


REPORT HOC Ems 
29 FEBRUARY 1976 



EARTH ENTRY VEHICLE - MAXIMUM MASS 

UNITS - CN CN 


ITCH 


wt 

X 

Y 

2 

KX 

KY 

K2 

GUILLuT I NF 


190.51 

36.10 

36.32 

20.96 

1.27 

1.27 

1.27 

I NIT 

GUIL 


54.43 

40.64 

35.31 

20.32 

.51 

.51 

.51 

INIT 

MS inlet 

54.43 

13.97 

0.00 

4.93 

1.52 

.25 

1.52 

I NIT 

N?PH 

DR 

54.43 

33.27 

-18.24 

-30.94 

.51 

.51 

.51 

INIT 

TcMP 

PB 

54.43 

23.27 

-29.77 

-9.40 

.51 

.51 

.51 

INIT 

MAIN 

BT 

54.43 

17.65 

-10.41 

6.86 

1.52 

.76 

1.52 

c':t 

SHORT 

PL 

68.04 

30.46 

1.52 

-30.99 

.51 

.51 

.51 

CCT 

SHORT 

PL 

63.04 

30.46 

14.61 

-27.25 

.51 

.51 

.51 

cr.T 

W 


158.76 

21.08 

-13.72 

1.78 

20.32 

20.32 

7.62 

fCT 

C 


16.14 

zi*.n 

5.33 

27.94 

.51 

.51 

.51 

CCT 

C 


16.14 

Zb.bl 

-2.79 

-27.69 

.51 

.51 

.51 

CCT 

ri 


117.93 

21.08 

19.81 

0.00 

19.05 

19.05 

19.05 

CCT 

C 


18.14 

26.67 

11.18 

26.42 

.51 

.51 

.51 

CCT 

r 


16.14 

24.77 

9.40 

-26.42 

.51 

# 

.51 

.51 

CCT 

MSPEC 

H 

16.14 

21.59 

-13.72 

-20.57 

12.19 

7.37 

10.92 

CCT 

w 


54.43 

21.59 

-2.54 

-31. 75 

2.54 

1.27 

2.54 

CCT 

M 


11, ZZ 

18.60 

-10.16 

-11.68 

14.22 

13.97 

12.45 

CCT 

MSPEC 

c 

9.07 

26.54 

-6.86 

- 16.26 

.51 

.51 

.51 

CCT 

C 


9.07 

24.13 

-6.35 

-26.92 

.51 

.51 

.51 

CCT 

C 


16.14 

17.65 

-8.89 

5.84 

.51 

.51 

.51 

CCT 

C 


36.29 

27.94 

1.52 

-30.99 

.51 

.51 

.51 

CCT 

MSPEC 

w 

22.68 

21.59 

-5.72 

-21.84 

12.70 

7.62 

11.43 
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MCOOmlVEUL. DOUGLAS ASTItOMAVTICS COIVIt»ANV • mA9T 



VOL II PLANETARY ENTRY FLIGHT EXPERIMENTS 


REPORT MDCE1415 
29 FEBRUARY 1976 



EARTH ENTRY VEHICLE - MAXIMUM MASS 

UNITS ~ CH CN 


IT 

EM 

WT 


X 


¥ 

1 

KX 

KY 

KZ 

CCT 

U 

72 . 

.57 

21 . 

.59 

15.26 

- 29.21 

6.57 

1.27 

6.57 

cr.T 

M 

27 . 

.22 

18. 

.80 

- 7.11 

- 13.21 

16.68 

16.22 

12.70 

CCT HSPEC C 

9 , 

.07 

26 . 

.56 

- 17,27 

- 6.06 

.51 

.51 

.51 

CCT 

C 

9- 

.07 

26 . 

.13 

5.66 

- 26.92 

.51 

.51 

.51 

CCT 

c 

18 . 

.16 

17 . 

.65 

- 11.96 

7.62 

.51 

.51 

.51 

CCT 

c 

36 . 

.29 

27 . 

,96 

16.61 

- 27.25 

.51 

.51 

.51 

CCT 

M 

127 . 

.01 

27 . 

.96 

2.56 

9.65 

30.68 

27.96 

27.96 

ccr 

W 

72 . 

,57 

30 . 

,68 

26.13 

3.05 

15.26 

16.99 

6.86 

CCT 

c 

13 . 

.61 

23 . 

.37 

- 6. *13 

- 28.70 

.51 

.51 

.51 

CCT 

c 

13 . 

.61 

23 . 

.37 

7.11 

- 27.96 

.51 

.51 

.51 

WI<»E 

INSTL 

22 . 

.68 

28 . 

,65 

16.68 

- 27.31 

.51 

,51 

,51 

Hl».E 

INSTL 

22 . 

.68 

28 . 

,65 

1.52 

- 30.99 

.51 

.51 

.51 

PYdOT 

ECHNICS 







ff 



W - 

I 5 d 7.57 

X = 



26 

.68 ¥» 


6.26 




C CHUTE 

1360 . 

.78 

63, 

.18 

- 20.07 

0.00 

3.81 

6.06 

6.06 

M3RTiP 

2721 . 

,55 

28 . 

,96 

- 20,07 

0.00 

3.56 

10.16 

10.16 

C^nCUE FTG 

226 . 

.80 

32 . 

,00 

- 26.92 

-26.92 

2.56 

2.56 

2.56 

CROGU 

E FTG 

f 

226 . 

,80 

32 . 

,00 

26.92 

26.92 

2.56 

2.56 

2.56 

H&IN 

CHUTE 

16288 . 

,16 

60 . 

,13 

2.03 

0.00 

11.68 

11.68 

11.68 

M4IN 

FTG 

226 . 

,80 

32 . 

,00 

39.62 

0.00 

2.56 

2.56 

2.56 
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MCOOMT/VeLL DOUGLAS ASTSOmiAUTICS COIttfAIVY « SAST 



VOL II PLANETARY ENTRY FLIGHT EXPERIMENTS 


REPORT MDC E1415 
29 FEBRUARY 1976 


EARTH ENTRY VEHICLE - MAXIMUM MASS 


UNITS - GM CM 


1 TF'< 

WT 

X 

Y 

2 

KX 

KY 

KZ 

MAIN TG 

226.80 

32.00 

-19.81 

3A.29 

2.5A 

2.5A 

2.5A 

MAIN ctG 

226.80 

32.00 

-19.81 

-3A.29 

2.5A 

2.5A 

2.5A 

MAIN CCNTNR 

8A3.63 

36.58 

2.5A 

0.00 

20.32 

1A.22 

1A.22 

MOP cnvFR 

A5.36 

50.80 

0.00 

0.00 

28.70 

20.32 

20.32 

COVER INIT 

235.87 

AS. 26 

0.00 

0.00 

28.70 

.25 

28.70 

COVER I NCR - 

1732.72 

57. AO 

0.00 

0.00 

20.32 

1A.22 

1A.22 

COVER INCH 

1732.72 

57. AO 

0.00 

0.00 

20.32 

1A.22 

1A.22 

UPR RING OEP 

263.08 

51.56 

0.00 

0.00 

28.70 

20.32 

20.32 

UPR RING RET 

857.29 

50. OA 

0.00 

0.00 

2 8. 70 

20.32 

20.32 

MTG 

226.80 

17. 18 

-20.07 

0.00 

2.5A 

2.5A 

2.5A 

WIRING OECEL 

226.80 

38.79 

-2.51 

0.00 

17.78 

1A.22 

17.02 

CECEL SYS 

W= 22203.35 

X» 

38 

.78 y» 


-i.52 

7« 

0.00 


PROHt WEIGHT 





215828.32 

X= 21.29 

Y* 

.05 

Z» .02 

RAD OF GYRATIONXROU* 28.61 

KPIT* 

2A.91 

KYAW> 25.02 

MOM OF IN'RTIA 

R0LL-17671A688.31 

PIT- 

1339A2362.67 

YAW-13509A951.52 

PROD CP INERT lAR-P- 211227.32 

P-Y« 

205605.53 

Y-R- 12A011.09 
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MCDOmr^ELL. DOUGLAS ASTKO^AUTICS CO^PAMY - EAST 



VOLII 


PLANETARY ENTRY FLIGHT EXPERIMENTS 


REPORT HOC E141S 
29 FEBRUARY 1976 



MASS PROPERTIES SUMMARY 
EARTH ENTRY VEHICLE - MINIMUM MASS 


ii/ii/rs 


DESCRIPTIOfi 

CUP BENT 



CENTER 

; OF GRAVITY 



MEIGHT 


X 


Y 

1 


(KGt 




(M 1 


MOMENT np INERTIA 


PRODUCT OF INERTIA 


BOLL 

PITCH 

YAM 

ROLL-PIT 

PIT-YAW YAh 

l-ROLL 


( KG- 

METER 

SO./ll 




P«1 STB FWD 

6.754 


.202 


0.000 

.001 

.5^6 

.323 

.320 


0.000 

0.000 

.001 

PftI STB APT 

3.180 


.298 


-.004 

0.000 

.244 

.122 

.122 


-.000 

0.000 

0.000 

SEC STBjcT 

6.659 


.267 


.108 

.013 

. 578 

.317 

.369 


-.016 

-.033 

-.033 

STBUCTUP E 

16.592 


.247 


.043 

.006 

1.466 

. 787 

.883 


-.002 

-.027 

-.031 

FwD HT SMLO 

61.072 


.141 


0.000 

0.000 

4.648 

2.051 

2.651 


0.000 

0.000 

0.000 

AFT nr SHLD 

5.094 


.458 


.004 

-.005 

.638 

.39 7 

.394 


-.001 

-.006 

.001 

H'AT shields 

66.166 


.166 


.000 

-.000 

5. 336 

3.518 

3.516 


.004 

-.006 

-.006 

ECU IP'-'EMT 

6. 396 


.245 


-.031 

.022 

. 3 79 

.261 

.171 


.007 

-.018 

.001 

INSTALL AT ION 

1.070 


.230 


-.031 

.022 

.354 

.044 

.028 


-.000 

-.000 

.000 

CCMMUNICAT 

J.466 


.243 


-.031 

.022 

.443 

.306 

.200 


.007 ' 

-.018 

.001 

COUIP'^ENT 

6.822 


.220 


.036 

.021 

.320 

.2 36 

.222 


.004 

-.005 

-.003 

INSIALLAIION 

1.066 


.205 


.041 

.016 

. 0 50 

.035 

.037 


.000 

.000 

.000 

I mSTpuM'NTAT 

7.888 


.218 


.037 

.021 

. 370 

.271 

.259 


.003 

-.005 

-.003 

'^0UIP3‘-NT 

8.391 


.174 


-.024 

-.031 

. 144 

.125 

.049 


.002 

.018 

.027 

Ii^STALL AT ICN 

1.057 


.224 


-.002 

.022 

.022 

.038 

.032 


.007 

.002 

.003 

ELECT PWB 

9.448 


.179 


-.022 

-.025 

. 170 

.168 

.084 


.010 

.021 

.032 

PYBOTECH4ICS 

1.583 


.265 


.062 

-.055 

.136 

.090 

.076 


.013 

.022 

.005 

HECFL SYS 

22.203 


.388 


-.025 

0.000 

.69 7 

.447 

.1635 


.055 

.033 

0.000 

PP08E WEIOHT 

131.351 


.223 


.001 

.001 

8.709 

6.458 

6.577 


.020 

.024 

.012 
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MCDO/VWC1.L DOUGLAS ASTHOMAUTiCS COI^^AMV • KAST 



VOL II PUUKTMIY ENTRY FLIGHT EXPERWOrrS 


REPORT HICQaS 
aFEMOMVm 


1 


SEQUENCED NASS PROPERTIES SIMNARY 
EARTH ENTRY VEHICLE > NMNIUH MASS 


ii/ii/rs 


DescmmoN cji«p£««t center of cravitv 

hFIGNT XV/ 

IKGI IN t 

NONENT OF INCktia FROOUCT OF |I«RT1A 


R-XC 

PITCH 

YAH 

I KG-NETER S3. 

RM.I.-F1T 

/II 

FIT 

-YAH 

VAM-ROLL 

FiueE mcIght 
8.T09 

Ul.3^1 

b.ASi 

.223 

b.STT 

.020 

.091 

.029 

.001 

.012 

I « HIRING 

-.A08 

.bS3 


.265 


.159 

S'PtaiTlCN 

d»66l 

130. 0^3 
6.A19 

.223 

b.Slb 

.000 

.090 

.003 

.000 

-.000 

EXTERNAL INS 

•O.JOO 

0. 039 


0.000 


0.000 

3SGIN entry 
R.661 

130.9A3 

b.^l9 

.223 

b.Slb 

.000 

.009 

.003 

.000 

-.000 

AKATEO NATL 

-R.3I9 

.161 


9.000 


0.000 

»nsT heating 

T.bRT 

I2/.e/9 

S.SbN 

.227 

5.9b0 

.000 

.009 

.003 

.000 

-.000 

OtPLCT OR'3i 

-3.3ST 

.S12 


-.081 


0.000 

Cl ORTGO; 

T.SGb 

119.212 

5.S20 

.219 

S.SbO 

.0S9 

.002 

• 

.003 

.000 

-.001 

OEPLGY NAI.N 

-1A.2S8 

.901 


.020 


0.000 

)N NAIN 

7.3A6 

IOb.98^ 

9.783 

.199 

9.819 

.005 

-.000 

.003 

.000 

-.000 
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MCCKMWWELI. OOCMSI.AS ASTfVOMAtmCS COMRAWV - KA»T 



VOL II PLANETARY ENTRY FLIGHT EXPERINENH 


RETORT nCEl«5 
2S FEBRUARY UK 



EARTH ENTRY VEHiaE MININUN MASS 


UNITS - CM CN 



pT 

X 

V 

1 

KX 

K V 

KZ 

AL SKIN NCAP 

131.56 

6.68 

0.30 

o.oo 

6.35 

6.67 

6.67 

AL SKIN CONe 

2638.16 

18.87 

0.30 

0.00 

29.69 

21.59 

21.59 

B|V(i 1 

185.97 

8.59 

0.00 

0.00 

8. 13 

■>. 76 

5.76 

RING 2 

1093.16 

15.21 

0.00 

0.00 

16.97 

11.99 

11.99 

<lNi; 3 

668.66 

19.91 

0.00 

0.00 

27.13 

19.18 

19.18 

RING A 

367.61 

26.97 

0.03 

0.00 

36.73 

25.96 

25.96 

anC 5 

612.35 

27.66 

0.00 

0.00 

60. 66 

28.70 

28.70 

•BIPODS 121 

260.60 

22.20 

0.00 

0.00 

16.97 

12.07 

12.07 

-l<» angle 

068.22 

27.63 

0.00 

0. 00 

38.60 

27.15 

27.15 

-33 ANGLE 

18.16 

27.63 

0.00 

38.60 

1.52 

1.32 

1.52 

P«I STR C 40 








■#= 6753.99 


20 

.20 r» 


0.00 

2* 


HC PNL 

3179.68 

29.82 

-.38 

0.00 

2 7.69 

19.56 

19.56 

PPI STR A=T 








4« 3179.68 


29 

.82 Y« 


-.38 

Z* 



653.17 

27.63 

0.00 

0.30 

38.10 

27 96 

27.96 

-65 angle 

13.61 

29.87 

0.00 

61.28 

1.52 

.51 

1.52 

-31 angles 

36.29 

26.89 

17.53 

3.30 

28.02 

25.68 

11.18 
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I^COOMNBLL OOUGLAS MSTftOMJkUriCS • EAST 




VOL II PLANETARY ENTRY FLIGHT EXPERMENTS 


REPORT HlCQttS 
ZSFEMUARYISn 


EARTH ENTRY VEHICLf - MININUM MASS 

UMITS - OX CH 


ITSd 

MT 

X 

Y 

Z 

KX 

KY 

XZ 

-20 CUP 121 

18.14 

26.57 

10.62 

-34.75 

8.26 

2.03 

7.62 

-27 MJRLER 

117.93 

38.10 

23.34 

-28.83 

5.08 

5.08 

5.08 

-25 ANaif 

13.61 

23.37 

25.40 

5.59 

1.02 

1.52 

1-52 

-23 SmIX 131 

9.07 

20.42 

0.00 

0.09 

16.00 

11.30 

11.30 

-21 *«iac= 

467.20 

29.87 

0.00 

0.00 

41.28 

29.18 

29.18 

-15 SPACERS 

4.54 

28.96 

0.00 

0.00 

16.51 

11.68 

11.68 

-13 ANGLES 

36.29 

26.57 

0.00 

0.00 

36.32 

25.68 

25.68 

-ll ANGLES 

45.36 

26.57 

.05 

-.23 

36.32 

25.68 

25.68 

INT STG PTC 

498.95 

38.79 

31.24 

18.03 

4.62 

5.26 

5.26 

INT STG PTC 

458.95 

38.79 

-31.24 

18.03 

4.62 

5.26 

5.26 

INT STC FTC 

408.95 

38.79 

0.00 

-36.07 

4.62 

5.26 

5.2o 

A80 

104.33 

22.20 

-30.78 

-9.40 

2.54 

2.54 

2.54 

INSTL-INTcac 

9.07 

38.43 

32.11 

18-54 

.51 

.36 

.36 

instl-intpac 

9.07 

38.43 

-32.11 

18.54 

.51 

.36 

.36 

I:JSIL-INTF AC 

9.07 

38.43 

0.00 

-37.08 

.51 

.36 

.36 

eallast 

24?5.79 

17.15 

12.37 

11.61 

.36 

.36 

.36 

ballast 

1179.34 

28.73 

34.75 

-12.95 

.36 

.36 

.36 

SEC struct 








6656.74 


26 

.74 Y« 


10. 79 

Z> 



STRUCTURE 

I6592.X1 K* 2X.67 Y- 4.26 Z- .57 
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MCOOMMCLL DOUGLAS ASTDOMAUTICS COMDAMV • MAmT 



REPORT IOC QttS 

- VOL II PLANETARY ENTRY FLIGHT EXPERINENTS 2S February isk 

i 


EARTH ENTRY VEHICLE - NININUN NASS 


WITS - CM CM 


ITFi 


kT 

X 

V 

1 

KX 

KT 

K7 

C3N£-A«L 


5t33.62 

13.82 

0.00 

0.00 

30.63 

22.07 

22.07 

^CAP-AttL 


367. A1 

1.75 

0.00 

0.00 

7.77 

5.69 

5.69 


AAL 

1A33-35 

21.72 

0.00 

0.00 

63.66 

30.73 

30.73 

CN» JP« 

AEL 

879-97 

27-33 

0.00 

0.30 

63.87 

31.01 

31.01 

CCVt-F=T 


3633.62 

16.96 

0.00 

0.00 

30.63 

22.07 

22.07 



3A9.27 

2.36 

0.00 

0.00 

7.59 

5.36 

5.36 

C“V0 CU 

5 SVIA53T.10 

15.69 

0.00 

0.00 

30.63 

22.07 

22.07 

•.JVD NCAP S 

8A8.22 

3.60 

0.00 

0.00 

7.16 

5.05 

5.05 

'.svo \CAP :i 

A. 36 

3.56 

0.00 

0.00 

1.60 

1.60 

1.60 

a=lVL> NCAP iC 

18.16 

6.32 

0.00 

0.00 

6.55 

6.62 

6. 62 

Cf<TS IWR 


1126.91 

21.87 

0.00 

0.00 

62.80 

30.25 

30.25 

CNFS IJP‘« 

AtT 

780.19 

27. .0 

0.00 

0.00 

63.63 

30.71 

30.71 

CNn UP1 

=>4CK 

1973.36 

27.96 

0.00 

0.00 

62.88 

30.33 

30.33 

C’lO ciL 

PACK 

158.76 

23.66 

0.00 

0.00 

62.26 

9 

29.87 

29.87 

C%? TP.I 

JACK 

603.70 

26.18 

0.00 

0.00 

62.62 

30.15 

30.15 

rs^ Ifl 

3ACK 

i tJ .60 

23.19 

0.00 

0.00 

61.61 

29.61 

29.61 

C'iP G=V 

c=lT 

762.06 

23.19 

0.00 

0.00 

61.61 

29.61 

29.61 

HC C''P£ 

CCNCIS763.02 

10.03 

0.00 

0.03 

15.67 

11.23 

11.23 

PC CPP= 

C3NC 

1526.07 

19.79 

0.00 

0.00 

33.38 

23.88 

23.88 

hC Cnae 

MCAP 

2160.96 

5.86 

0.00 

0.00 

7.21 

5.11 

5.11 

FG SKIN 

CCNE 

1666. S6 

16.81 

0.00 

0.00 

30.61 

26.70 

26.70 

FC SKIM 

NCAP 

72.57 

6.39 

0.00 

0.00 

7.39 

5.23 

5.23 
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mcooMiveLL oouglas AsruoMAuncs coAinAwr • cast 



VOL II PLANETARY ENTRY FLIGHT EXPERIMENTS 


REPORT vcaas 
29 FEBRUARY 1S7S 



EARTH ENTRY VEHICLE - MINRIUM MASS 


WITS - CN CM 


ITfil 

UT 

X 

V 

1 

KX 

KY 

K7 

NKJG STG 

108.86 

3.96 

0.00 

0.00 

6.06 

2.87 

2.87 

ACM C IN? ^ 

312. 78 

16.76 

0.00 

0.00 

30.61 

26.70 

26.70 

AOM CINE 'M 

312.90 

16.89 

0.00 

0.00 

30.61 

26.70 

26.70 

atm cone ha 

299.37 

18.85 

0.00 

0.00 

29.69 

26.16 

26.16 

AOM fiCAP HE 

18.14 

6.32 

0.00 

0. 00 

7.66 

5.26 

5.26 

A3m NCAP =m 

13.61 

6.67 

0.00 

0.00 

7.62 

5.23 

5.23 

ACM riCAP HA 

9.07 

6.55 

0.00 

0.00 

6. 78 

6.80 

6.80 

AHM NPtO PTC 

A. 56 

6.62 

0.00 

0.00 

6.70 

3.30 

3.38 

F«n HT SMLO 








61371.68 

Xx 

16. 

15 V. 


0.00 

7» 


INSfOTS INCR 

95.25 

62.75 

0.00 

0.00 

35.97 

25.63 

25.63 

INSERTS nCP 

56.63 

60.03 

25.25 

-31.72 

10.16 

7.62 

7.62 

inserts inch 

131.56 

31.85 

0.00 

0.00 

61.81 

29.57 

29.57 

ABLATTA 

2072.92 

66.30 

0.00 

0.00 

35.23 

27.89 

27.89 

hC CiJFE 

299. 37 

66.66 

0.00 

0. 00 

36.56 

27.36 

27.36 

SKIN2A3H CTR 

1387.99 

66.91 

0.00 

0.00 

36.77 

27.53 

27.53 

SKINCAL'H INT 

925.33 

66.38 

0.00 

0.00 

36.32 

27.18 

27.18 

INSTL A^r HS 

58.97 

31.06 

0.00 

0.00 

62. 16 

29.82 

29.82 

INSTL AFT HS 

22.68 

39.57 

26.10 

-30.30 

38.66 

27.38 

27.38 

INSTL AFT MS 

65.36 

62.82 

0.00 

0.00 

35.97 

25.63 

25.63 


TAGS 13 

OF FFB. QUALnnfl 
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MCOOMMELL DOUGLAS ASTDOMAUTiCS COtttDAMY - KAST 



VOL II PLAMETAmr EIUTRY FLIGHT EXPERIMENTS 


REPORT ■)€ E1I15 
29 FEBRUARY im 


EARTH ENTRY VEHICLE - MINIMUM MASS 


UNI rs - GM CM 


IT6H 

MT 

X 

y 

1 

KX 

KY 

K2 

act HT shld 
-4s S093.8A 

X= 

4S.76 

¥» 


.38 




HsAT SHIStOS 
ws 66L6S.52 

X» 

6B0.39 

16 

23.60 

.58 Y» 
12.65 

-15.75 

.03 

3.81 

2* 

3.81 

3.81 

TAPE PPCO^O 

907.13 

17.53 

-8.38 

6.86 

3.81 

3.81 

3.81 

S-BAfO X^TR 

1270.06 

26.00 

-17.27 

16.51 

5.33 

3.81 

3.81 

C-«Arn XPOR 

1270.06 

23. 2S 

7.11 

19.30 

3.30 

3.30 

3.30 

SIG CCMO 

9C7.18 

21.69 

-2.03 

-21.86 

6-57 

3.30 

5.59 

PwP SUP 

226.30 

21.18 

-16.68 

-17.02 

1.52 

• 

1.52 

1.52 

S-FAN''’ P«<R n 

90.72 

21.18 

-16.68 

-17.02 

1.52 

1.52 

1.52 

r-aAro PWH 0 

90.72 

21.18 

-16.68 

-17.02 

1.52 

1.52 

1.52 

S-iJA-n ANT 

226.30 

36.58 

-7.11 

-60.13 

.51 

.51 

.51 

S-bAN? ANT 

226.30 

36.58 

38.10 

13.97 

.51 

.51 

.51 

S-8AN3 ANT 

226.80 

36.58 

-30.99 

26.16 

.51 

.51 

.51 

C-BAN3 ANT 

90.72 

61.66 

-7.62 

-36.83 

.51 

.51 

.51 

C-B4N0 ANT 

90.72 

61.66 

35.56 

12.19 

.51 

.51 

.51 
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ntcooMmeLL dol/glas ast/tomavtics m/kmr 



REPORTWCEUIS 

^ VOL II PUNETARY ENTRY FLIGHT EXPERIMENTS 2S February m 

11 . 

EARTH ENTRY VEHICLE - MINIMUM MASS 


UNI TS - G < CN 


ITFN 

hT 

X Y 

2 

KX 

KY 

KZ 


C-BAN3 ANT 

40.72 

61.66 -2Y.46 
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9,4 Cost Est i» ^ate - The cost of conducting an earth entry flight program 
could be determined by considering the expenses chargeable for a Shuttle launch, 
the booster and the entry vehicle. A summary of the total program cost for the 
entry vehicle is contained in Figure 152. This rough-order-of-magnitude (ROM) 
estimate is in 1976 dollars and based on actual cost of previous space programs. 
The effort is divided into six categories: management, system engineering, system 
test and evaluation, flight hardware design and development, support equipment and 
flight operations. The following ground rules and assumptions were used: 

o Delivery of a single flight article plus a refurbished proof test model 
as a flight backup. 

o Program duration of 36 months to delivery with six month post-delivery 
support. 

o Cost only includes entry vehicle and associated ground support equipment 
(GSE). 

o Parachute recovery system, 
o Exclusion of post-launch support, 
o Value is at cost level; does not include earnings, 
o Work Breakdown Structure is in accordance with MIL-STD-881. 
o Overall program is considered as a prototype development, and unencumbered 
by the burden of AF375 series controls, custom reviews and approval of 
design drawings, specification and testing. 

The total recurring cost per flight, including Shuttle, booster and recovery 
services were also examined with the following results. 


Type Launch 

Dedicated 

Shared 

Shuttle 

$12.0 M 

i - 

Booster 

1.0 

|$7.0 M 

Entry Vehicle 

3.2 

3.2 

Recovery 

.3 

.3 

Data Reduction 

.5 




$17.0 M 

$11.0 M 


In the absence of any official Space Transportation System pricing ground rules, 
certain assrmptions were made. A dedicated Shuttle launch cost of $12.0 M (1976 
dollars) was obtained b; escalating the $10.3 M (1974 dollars) specified in 
Reference 16. Determining what fraction or a Shuttle launch 

assigned to this program would depend on the total complement of payloads carried 
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aloft and vhat satellites were retrieved froe space. The length of the payload is 
ii^ortwit in detersdning how auch rooa is available for shared payloads. If 
either Trans tage/T£36 1-4 or the 2 stage SBM I0S/TE364-4 booster were used less than 
3/8 of the bay would be used and if the "short length" booster were used only 1/7 
WHild be occupied. For shared payload launches, a linear relationship of cost with 
payload length was assuaed. This reflects the results from past exaaination of 
available traffic aodels which indicated that less than 50Z of the Shuttle flights 
were aass United whereas alnost 90Z of the flints were length limited. The 
bo(»ter cost of $1.0 H is the current figure being quoted for the solid lUS in the 
open literature. Costs of the other boosters considered range froa $3 M to over 
$6 M. The shared launch cost of $7.0 M for Shuttle and booster reflects either a 
solid lUS with 50Z payload sharing or a short length booster that occupies 1/7 of 
the payload bay length. 
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The major conclusion of this study is that the Shuttle and its upper stage 
can provide high speed earth entry simulation of outer planet environments on a 
probe shape veliicle. Furthermore, candidate heat shield concepts can be qualified 
as well as intense environments measured to expand scientific knowledge of entry 
physics. Even though the entry environments of radiative heating, convective heat- 
ing, deceleration loads and surface pressures are severe, design provisions enable 
air recovery so that post flight examination can be made. 

From the assimilations and analysis of entry trajectories and environments 
calculations for entry into the outer planets several conclusions can be drawn. 

An outer planet probe must withstand a radiant dcnuLnant entry heat pulse that is 
sensitive to the entry path angle, vehicle ballistic coefficient and the atmospheric 
composition. Jovian entry environments were the most severe conditions and used 
more extensively to design the earth entry vehicle. Radiative heating is about 
three times greater than convective. Uncertainties in Jovian entry angle (three 
degree spread) results in a 58% increase in radiative heating, a 19% increase in 
convective heating and a 10% increase in shock pressure. Adequate description of 
shock temperature, temperature distribution across the shock layer, and species con- 
centration are important in determibing radiative heating. Radiative heating is 
composed of approximately half continuum and half line radiation. Knowledge of 
the temperature distribution across the shock layer is important to computing radia- 
tive heating. Both carbonaceous and hyperpure silica heat shields were analyzed for 
Jovian entry. Injection of ablation material into the shock further reduced radia- 
tive heating to the wall with carbon having the greatest reduction (46%), silica 

about 18%. However, due to silica's excellent reflectance, it had to accommodate 

2 2 

far less heat, only 1.7 kw/cm as compared to 9.1 kw/cm for carbon. Testing of 
hyperpure and carbonaceous materials under simulated Jovian environments should 
be performed to substantiate these finds. 

It was also concluded that outer planet radiative heating can be simulated 
during a high speed earth entry. This conclusion is based on analysis of non-blow- 
ing, cooled and mass injected shock layers. Maps of attainable environments were 
prepared to aid the experiment planner. The conclusions for characterizing Jovian 
entry radiant heating are applicable to earth entry shock layer radiation. Due to 
the higher molecular weight and lower heat capacity of air as compared to hydrogen- 
helium, attainment of similar shock layer temperatures, or heating rates, can be 
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accoaplished at much lower entry speed than that of the outer planets. Air shock 
layers radiate nearly 50 percent of their intensity in the vacuum ultra violet (VUV) 
whereas im>st of the radiation in hydrogen-helium mixtures occur in the ultra violet, 
visible and infrared regimes. However, when mass injection occurs most of the VUV 
never reaches the surface. 

Launching the payload on a Hohmann transfer orbit to an apoapsis between two 
and 6.5 earth radii followed by deorbit at apoapsis and a kick AV just prior 
entry proved a viable way to achieve the necessary earth entry velocity. Increasing 
apoapsis radius with a given booster increases radiative heating, stagnation pres- 
sure, deceleration loads but decreases total heat. Saturn radiative heating can be 
simulated using apoapsis radius of two and Jovian heating with an apoapsis radius 
of 6,5, If need be the radiative heating can be further increased by increasing 
entry vehicle ballistic coefficient. 

Although earth entry conditions can be selected chat will result in matching 
peak radiative flux levels (non-blowing) for entry into Saturn or Jupiter, the pre- 
cise matching of all ocher parameters is not possible. The best overall match of 
incident environments can be obtained for Jupiter at 20 degree entry angle and Saturn 
at some higher angle (approaching 90 degrees). Hass injection significantly reduces 
radiative heating. Both Che resulting incident and net radiative flux to a carbon- 
aceous heat shield can be simulated but net flux to a silica shield will be higher 
than required for Jupiter when the incident radiative flux is simulated. This is 
due Co the shift of spectral radiation into Che vacuum ultra violet region where 
silica's reflectance is low. The Trans tage/TE363-A booster is capable of achieving 
the necessary entry conditions. Analysis indicate Chat a more powerful solid lUS 
than was studied will be needed to obtain the desired conditions. Even so, the 
solid lUS can be used Co produce intense radiation dominate environments necessary 
for planetary technology studies. 

The instrumentation needs of the entry vehicle can be met with standard, 
comnercially available equipment. The anticipated high aceeleraCion may 
require more rugged packaging than is usually required. The only area of concern 
is the radiometer wiiich will require some developnKnt, In order to keep the pack- 
age size small, optical focal lengths must be short, which in turn requires that 
detectors be physically small so that they can be spaced consistent with the small 
differential diffraction angles. Previous space probes, such as the Skylab ATM 
experiments, used photomultiplier tubes as detectors. These are too large for this 
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application, and development of silicon photodiodes in the ultra-violet band is the 
®3jor requirement for this radiometer. Further analysis will determine whether a 
prism or a grating is the best diffraction technique. Fabrication methods for 
lithium fluoride and ruling of gratings to small radii need to be studied. 

The telemetry data rate of 48 KBPS should be adequate, but even if a need for 
additional measurements arises, it can be kept below 64 KBPS which makes pre- 
deployment checkout, over one Shuttle interface, a simple task. 

Mission analyses concluded that booster firing would occur over the 
Pacific Ocean, deorbit at apoapsis would occur over South America and that radars 
at Ascension Test Range could track the entry vehicle during the entire descent. 

Entry vehicle design study showed that such a vehicle would have sufficient 
instruoentation and equipment to perform its mission and would be compatible with 
the Shuttle and its interfaces. Power requirements are minimal and "off the shelf" 
equipment can be arranged compactly within the vehicle. Even though mid-air recovery 
system had to be located beneath the aft cover, vehicle c.g. control was maintained. 
The entry vehicle, upper stage and main booster takes up less than half of Shuttle's 
cargo bay and 43% of its payload capability. This permits shared Shuttle launches 
and thereby reducing recurring cost to $11 M for entry vehicle, booster, recovery 
and data analysis. 
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11.0 RECOMfENDATIONS 

Despite the fact that the Shuttle deployed high speed entry vehicle has been 
shown to be a viable iKans of simulating outer planet environments and a means to 
d^Bonstrate heat shield performance, more work remains to be done. In general the 
additional work centers on doing those things necessary to broaden the technology 
base by sharpening analytical tools, developing materials, conducting performance 
tests, critiquing designs, planning missions, etc., all of which lead up to flying 
the earth entry vehicle. By doing these things the design of the outer planet probes 
and the scentific data yield will be vastly improved. The recommended work follows. 

The understanding of carbon phenolic and hyperpure silica heat shields per- 
formance should be expanded by analysis of heat shield integrity and demonstration 
testing under simulated planetary environn^nts . In the area of heat shield, integrity 
the following is recommended: 

o Study the sensitivity of performance to the shock shape and inviscid flow 
field modeling. 

o Analyze effects of cooled shock layers on inviscid flow field properties. 

o Improve methods for predicting distributions of environn^nts on the vehicle. 

o Characterize effects of mass injection (moderate and massive blowing) on 
shock layer radiation. 

o Characterize effects of mass injection on convective heating. 

o Improve modeling of ablators 

- Energy balance at ablator surface 

- Energy transport in material 

- Surface recession 

o Determine thermochemical structural capabilities of the heat shields. 

In the area of heat shield demonstration it is recommended to move forward on the 
design, mission planning analysis, and other activities necessary to fly the entry 
vehicle evolved in the present study. 

o To support the continuing developrcnt of an earth entry vehicle and the outer 
planet probe design, characterization of the candidate heat shield materials is 
appropriate. This can be accomplished by comparative arc tunnel testing of heat 
shield specimens and correlation of measured performance with predictions. The 
results would then feed back into the analytical effort to update calculation 
techniques. 

o Development effort on the radiometer should be pursued. Two design approaches 
have been suggested in this study, these and other possible designs should be studied 
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in more detail and a best approach selected. The following areas especially need 
investigation. 

a. Small detectors for the .1 to .3 pm wavelengths. 

b. Detector electronics including bias, chopping and amplification. 

c. Concave diffraction gratings having small radii and high ruling density. 

d. Environmental and optical properties of lithium fluoride. 

It is also conceivable that the radiometer could be tested during the arc tunnel 
testing of the candidate heat shield materials, thereby characterizing the ground 
test environment by an in-situ measurement and qualifying the hardware. 

o As the lUS and upper stages for Shuttle become better defined, integrate their 

performance into the mission simulation capability analysis. Also conduct a complete 
mission safety/dispersion analysis. 

o Design, fabricate and test an engineering model of the entry vehicle to demon- 
strate component reliability. Reliability will be very important in order to mini- 
mize checkout requirements and delayed Shuttle launches due to payload equipment 
failure. 

o It is also recommended that Che earth entry flight experiment be added to the 
Shuttle traffic model so that the mission can be properly planned and accomplished 
on an early Shuttle flight in time to aid the planetary probe missions. 

o Accomplishment of these activities will greatly expand the technology base for 
exploration of the solar system. 
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